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KATIOHAL ADVISORY COIMICTEE FCR AERONAUTKS 
RESEARCE MEIMCRAiaXM 

TURBOJET EROPUISIOH- SYSTEM RESEARCH AND THE RESULTUK 
EFFECTS OH AIRPLAHE FERFORMAMCE 
By Addison M. Rothrock 


IHTROrUCTIOH 


For a period of ten to fifteen years intensive research and develop- 
ment has been conducted on txirbo^et propuls ion systems for aircraft. 

During this period much has been learned about the systems both from the 
standpoint of current usage and of future development possibilities. It 
is the purpose of this report to discuss the current status of the turbo- 
jet engine as produced in the United States and to disctiss the future 
possibilities for improvement in the engine and in the fuel. The engine 
and fuel improvements vill be evaluated both from the standpoint of proba- 
bility of success in obtaining these in 5 >rovements and from the standpoint 
of the effects of these improvements on the airplane performance. 

In considering the resulting advances in airplane performance, a 
further comparison •will be made of the extent to which improvement in 
factors of the airplane not in the purview of the propvilBion system de- 
signer will res'ult in equal or better improvements in aircraft perform- 
ance. It •gill be preferable before examining the advances that can be 
made in the propulsion system to determine these relative effects. 


There are seven major proptilsive- system factors that affect airplane 
performance. These are; (l) heat of combiistlon of the fuel, (2) density 
of the fuel, (3) efficiency of the engine, (4) specific weight of the 
engine, (5) specific area (square feet of frontal area per pound of 
tbrust) of the engine, (6) s^tress limitation of the engine in terms of 
maximum permissible press^ure loading of engine parts, and (7) Tna3c^Tmlm 
ambient tengoeratinre at which the engine can operate satisfactorily. For 
the range of airplane performance covered in this report and for the fuels 
considered, fuel-density (which determines the -volume occupied by a given 
fuel weight) effects are of secondary importance and ■gill not be consid- 
ered. Uie effect of engine specific area on airplane performance is de- 
pendent on the Installation of the engine in the airplane and of itself 
may or may not affect the airplane performance. Since this effect is 
dependent on the particular airplane design, it -will not be considered 
in relating the engine performance to the airplang^ierf ormance . 
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Three major airplane factors that do not come under the pxirvlev of 
the propulsion-system designer will he considered- These are; (l) lift- 
drag ratio of the airplane^ (2) percentage of gross aiiplane weight that 
is military load (defined herein as weight of the pilots the armor^ the 
armament, and the guidance system), and (3) percentage of gross airplane 
weight that is airframe (defined herein as gross weight of the airplane 
less military load, installed engine or power pleuit weight, and fuel 
weight ) . 


The 10 airplane and propuls ion- system factors considered together 
with the symbols xised are: 

L/D lift- drag ratio of the airplane (considered herein as the L/D 

ratio of the trimmed airplane in level flight at the altitude 
and speed under consideration) 


«f/Wg 

VWg 

«af/«g 

"e/»g 


ratio of fuel load to gross weight 

ratio of military load to gross weight 

ratio of airframe weight to gross weight 

ratio of installed power plant weight to gross weight 

heat of combustion of the fuel 


^e 



AP 


max 


*^Tnax 


over-all efficiency of the engine, that is, the ratio of work 
done on the aiiplane (thrust time distance flown) to thermsil 
energy of the fuel consumed in flying the distance 

specific engine weight, which is the ratio of engine weight to 
thrust produced 

maximum permissible engine pressure loading ( such as hoop 
stress) 

maximum permissible stagnation (total) temperature 


For a specific airplane, certain of these variables remain constant 
regardless of airplane mission: heat of combustion of the fuel h, 

weight of the airframe Wq^, weight of the installed power plant or en- 


gine or maximum permissible engine pressure loading 

and raaxlimim permissible stagnation temperature T^y> For a particular 


mission, military load can be considered constant over considerable por- 
tions of the flight. The remaining factors vary during a flight. Fuel 


weight and gross weight Wg decrease continuously as fuel is con- 

sumed. Engine effl|g^ncy T|^, thrust produced F, and airplane drag D 
vary during the fll8it,23B^‘t-.:^ ng„preord^^ manner. Each of these three 
parameters is at any instant a fimct ion ~ ~ .tt 1|y antaneous values of 

airplane speed, altltud^ ^ altitude. 
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Since airplane drag, that is thrust required, v^aries with the flight 
condition, L/D also varies with the flight condition- If the airplane 
is flying in level flight at a constant speed, the lift is equal to the 
airplane weight, or L/d = ^g/^required" ^ airplane is climbing or 

accelerating, the thrust required is increased by the amotint required to 
produce the rate of climb or the acceleration • 

Specific engine weight at any flight condition is considered to be 
engine weight (a constant) divided by the thrust produced at that flight 
conditionj consequently specific engine weight varies inversely as the 
thrust. When the thrust produced is the full- throttle thrust of the en- 
gine, specific engine weight Is a minimum for the airplane speed and al- 
titude \mder consideration. In this analysis, this minimum specific 
engine weight is generally the value of interest. Obviously, once a 
specific airplane is considered, thrust available and the thrust required 
(equal to airplane drag plus the thrust required for acceleration or 
climb) are the factors of interest rather than specific engine weight or 
airplane lift-drag ratio. Since the purpose of this discussion is to 
interrelate the basic engine and airframe characteristics to generalized 
airplane performance, and not to consider the performance of specific 
airplanes, the relationships of the variables listed must be examined. 

The effects on over -all airplane perforinaace of the factors listed 
will be analyzed by examining their effects on airplane gross weight, 
range, altitude, and speed. In addition, the relation of engine size to 
airplane gross weight will be discussed. Although the exangiles given are 
for a turbo Jet -powered aircraft, the method of analysis is equally appli- 
cable to airplanes powered with any type of air-breathing engine- 

After this analysis, turbojet engines currently being manufactured 
in the United States are examined with reject to values of 

and AF ttipy * Fuels are examined in relation to h and also, because the 

fuel determines combustion temperature obtainable (and thereby affects 
thrust) in relation to The relation of stagnation temperature to 

engine development, with particular reference to lubrication, is discussed. 

Except as stffected by reserves of stored fuel, the total number of 
miles that can be flown per day with turbojet engines is a function of 
the production rate of turbojet fuel. The rate at which engines can be 
produced is dependent on the availability of the materials from which 
the engines are made. Ihese two factors, availability of fuel and engine 
production limits as a function of material availability, are discussed. 
Engine reliability is not discussed in any detail in this analysis. 

Preparation of this report required much specific engine data from 
the aircraft engine manufacturers- These data were supplied by the 
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aircraft engine industary at the request of the Department of Defense. 
llilB cooperation on the part of industry and of the Department is 
appreciated. 

Determination of the effects of the various independent varlahles 
required much analytical vork beyond •^at Included in this report. These 
analyses were made by staff members of the KACA Lewis laboratory and of 
the NACA Headquarters Office. Particular credit is due Richard S. Cesaro 
of the NACA Headquarters staff and E. Clinton Wilcox of the Lewis labora- 
tory staff for their assistance. 


RELATIVE EFFECTS OF AIRPLANE AND HJGINE FACOXBS 
ON AIRPLANE PERFORMANCE 
Effects on Range 

The heat of combustion of a fuel is generally expressed as so many 
thermal units per pound (approximately 10,500 Btu per pound for hydro- 
carbon tvirbojet fuels) . For the current analysis, this value Is better 
expressed as the number of allies for which one pound of thrust is produced 
by burning one pound of fuel. Thus, if all the chemical energy in one 
pound of a typical JP-4 ttarbojet fuel were converted Into thrust, it 
would produce one pound of thrust for approximately 2400 nautical miles. 

Because an engine does not have an efficiency of 100 percent, the 
distance over which this pound of thrust is available is conaiderably 
less than the Ideal value. For the operating conditions considered in 
this report, turbojet engine over-all efficiency ranges between 10 and 40 
percent. Therefore, as used in the engines considered, one pound of JP-4 
fuel produces one pound of thrust for a distance between 240 and 1000 
nautical miles. If a fuel having a hi^er heat of combustion Is used, 
these thrust-mile values Increase proportionally. For current Jet fuel, 
the relationship between engine efficiency specific fuel con- 

sumption sfc is Tjg ** (airplane speed in knots )/(2400xBfc) where sfc 
is in terms of pounds of fuel per hour per poimd of thrust, or 
Hg * 0.136/ sfc where sfc is in tenns of pounds of fuel per hour per 
horsepower . 


As stated, the value of hT\g determines the airplane flight distance 
over which one potind of fuel will produce one pount of thrust. The number 
of pounds of adiplane weight that this one pound of thrust will si 5 >port 
in the air (Wg/P) is equal to the lift -drag ratio l/D of the airplane 


at the flight condition considered. The lift-drag ratio may be considered 
as an "efficiency” of the airframe in that its reciprocal d/L eapresses 
the amount of work that must be done per pound of airplane in flying the 
airplane a given distance. For a given L/D, the work done in flying 
the airplane a glvengdi stenge -is. independ ent of the speed at which the 
flight is made. ” 
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The airplane -weight to he supported comprises -ttie -wei^ts of air- 
frame military load Wjjj, power plant Wg, and fuel Wf. The svim of 

these -weights is the gross weight Wg of the airplane. If the value of 
hrig, is multiplied by the airplane lift-drag ratio (l/d) and by that por- 
tion of the pounds of airplane that is fuel, (^f/Wg)^ an approximate 
value for the range R is obtained: 


R «» hTj 




( 1 ) 


In the eqiiation L/d is considered constant ♦ Hie subscript o indicates 
the values at the start of the portion of the flight under consideration. 


Equation (l) is an approximation in that it does not consider the 
weight reduction that occurs during the flight as fuel is consumed and 
the consequent reduction in thrust requirement- This effect is accounted 
for in the classical Breguet range equation- For a fuel load of 10 per- 
cent of the gross weighty the range given by equation (l) is in error by 
4 percent with respect to that given by the Breguet equation* As fuel 
load increases, this error increases rapidly. 


The Breguet equation, with h, tj^, and l/d assumed to be constant, 
states that: 

¥ 


R « hTig g 


( 2 ) 




W, 


tT 


Bo 


e D ■^''=•6 w_ - 
®o 


(3) 


All the terms in equation (3) are in equation (l) , hut equation (3) 
provides the correction necessary to account for the effect on range of 
the continually decreasing fuel load. 


To estimate the ranges that are feasible -with current military air- 
craft, equation (3) is evaluated us1-ng appropriate values for the differ- 
ent variables. Two cruise speeds. Mg ** 0.9 ’and Ma *» 2.0, will be con- 
sidered. It will be assumed that the engine afterburner is not required 
at the lower speed, hut is at the higher speed. Over-all engine effi- 
ciency, as -will he e^^lained later, is about the same under these t-wo 
conditions; a value of 0.22 is r^resentative of current practice. For 
a bomber designed to cruise at Ma 0 .9 that does not have supersonic 
capabilities, an l/d ^ value of 20 approximates current design values. 
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For a toBiber desigiafid to cruise at Mq w 2.0, an l/D value of 5 is 
assumed. For the fighter, the corresponding lift-drag ratios are assumed 
to be about 60 percent of these values. The value of h, as previously 
stated, is 2400 nautical mile-pounds of work per pound of fuel. With 
these data, the radius of action (l/S R) is coinputed from equation (3) 
for different values of Wf/Wg^, figure 1. For a long-range bomber, the 

fuel weight available for cruise is about 0.50 of the airplane gross 
weight. At Ma •* 0.9 (l/d of 20), the radius of action of such an air- 
plane is, therefore, without fli^t refueling, about 3500 nautical miles. 
At a flight speed «• 2 .0 (L/d of 5), the range is 750 to 900 nautical 
miles. If the cruise portion of the flight is at Ma ** 0.9, and there is 
a Ma ■* 2.0 supersonic dash over the target, liie required design compro- 
mises will result in lower lift drag ratios in the subsonic speed range 
than that used in preparing figure 1. 

With current interceptors, the fuel aveillable for cruise is about 
0.15 of the gross weight. The combination of this lower percentage of 
fuel and the lower lift-drag ratios of the fighter results in cruise radii 
of about one -seventh the values estimated for the long-range sijbsonic 
bomber . 


The design of a military aiip>lane is a compromise between the some- 
what counter objectives of low gross weight (considering both the poimds 
of airplane and of fuel) and hl^ aircraft performance. The way in which 
the compromise is made determines the manner in which gross weight is 
divided into airframe, military load, power plant, and fuel. For this 
reason, eqiiation (3) will be modified to express the individual effects 
of airframe weight, military load, and specific engine weight on airplane 
range . 


Equation (3) is rewritten by substituting for Wjf^ the equivalent 
value Wg - (Wa + Wm + We) and dividing numerator and denominator by 
¥g^. Equation (3) then becomes: 


R « hTj 


■L 
e, D 


loSe 




+ 


W. 


m 


W, 


'So 



(4) 


For the airplane in level flight at a constant speed: 

We We/Fo 


Substituting In equation (4) ^ the range is expressed as: 
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R = liTie 5 loge w 


af 


W, 


m 


W, 


w„ 


So So 


L/D 



Equation (s) sliaws tlie mamer in which, the major factors previously 
presentecL affect airplane range, h, and L/d being considered con- 
stant during the fli^t phase consider^. For those cases In which yari- 

ations in W_ /ff_ are not being considered, equation (4) is preferred to 
® Sq 

equation (5), 

In table I, current military aircraft are described according to the 
weight distributions made by aircraft designers. Representative values 
are listed for a bomber and for a fighter. There are deviations from 
these typical figures, but the deviations are not large enou^ to affect 
the conclusions drawn from this discussion. The installed power plant 
includes those parts which althou^ not supplied by the engine manufac- 
turer are attached directly to the engine and are required by the engine. 
This weight is about 25 percent greater than the weight o£ the engine as 
supplied by the engine manufacturer. Consequently, weight of the engine 
proper is 10 percent of the gross wei^t for the bomb^ and 20 percent 
for the filter. In this discussion, weight of the installed power plant 
will be designated and weight of the ergine as supplied by the engine 

manufacturer Weng. In this analysis it is assumed that any change in 
Wecg is acconpanied by a proportional change in We* 

TABLE I. - REPEESEHTATIVE AIEPLAKE WEIGHI DISTRIBOTION AT TAKE-OFF 



Bomber 

Fighiier 

Airframe 

30.0^ 

37.556 

Installed power plant 

12.5* 

25.0** 

Military load 

7.5 

7.5 

Fuel 

50.0 

30.0 


*With or without afterburner. 
**Wlth afterburner. 


The engine group is a higher percentage of gross weight for the 
fighter than for the homber largely because L/d is lower for the fighter. 

In figure 2 is shown the effect on airplane range, as determined from 
equation (4), of changing the proportions of military load and fuel com- 
prising the weight allotted to military load plus fuel. The assumption Is 
made that all the fuel Is available for cruise. Tils assumption does not 
modify the general conclusion to he drawn. The weight of military load 
plus fuel selected for these cvonres is 57.5 percent of the gross weight 
for the bomber and 37.5 percent fca: the fighter. The curves apply to both 
a constant gross weight with varying military load or a constant military 
load with varying gro^g^jgj^^ 
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The military load (as defined herelm) _1 b_. usually between 1500 and 
2000 pounds for cuixent fighters and about ten times these values for 
long range bombers. For constant military load, (fig. 2) if the percent- 
age of gross weight allotted to fuel Is to be Increased for greater range, 
the ratio Wm/Wg^ must be decreased by increasing Wg^, the gross weight 

of the airplane. In figure 3, curves are plotted that show this effect. 

A constant military load of 2000 pounds for the fighter and 20,000 pounds 
for the bomber Is assumed. The curves show that for either bomber or 
fighter a ratio of military load to gross weight of about 7.5 percent 
represents a reasonable balance between the objectives of long range and 
low gross weight. The curve shows the manner in which the gross weight 
of the airplane is In general determined by the military load. Certain 
conditions such as aircraft carrier size may ln 5 >OBe a limitation on air- 
plane gross weight that is independent of military load considerations. 

In other cases, Ihe range req\ 2 ired may be so low that the ratio of mili- 
tary load to gross weight can be considerably higher than the 7.5 percent 
figure . 

Eqiiations (4) and (5) are now examine^ (figs . 4 and 5) to detemine 
the effects on range of increasing fuel heat of combustion, engine effi- 
ciency, or airplane lift-drag ratio, or of decreasing the percentage of 
gross weight eillotted to airframe or to power plant. In this comparison, 
no estimate is made of the practicability of achieving the iutprovements 
discussed. An Increase in h or In rjg increases the distance over 
which a pound of fuel will produce the necessary thrust. An increase in 
L/D decreases the thrust requirement and thereby the rate at which fuel 
is consumed. A decrease in specific airframe or engine weight allows a 
greater percentage of gross weight to be allotted to fuel. 

The equations show that an increase in either h or Tjg increases 
range in direct proportion. 

To estimate the effect of change in L/D, two cases are considered. 

In the first case, it is asstmed that as L/D is l3icr eased, thereby 
reducing the thrust requirement, the percraitage of gross weight allotted 
to the pcwer plant is proportionally decreased (that is, for a constant 
value of Wq/F, the ratio of thrust available to. the thrust required at 

any flight condition remains unchanged) and this wel^t increment can be 
added to fuel weight. As an exaaple, if L/d for the fighter is Increased 
30 percent, the ratio of power plant weight We to gross weight Wg is 

decreased by 0.250 - « 0.058. This 5.8 percent of the gross weight 

may then be added to the fuel weight, "sdilch would thereby be increased to 
35.8 percent of the gross weight. Such an increase in fuel weight 
would of itself increase raiage 24 percent, if airplane L/D remained 
constant (eq. (3)) . The total range increase for the 30-percent in- 
crease in l/d Is therefore (1.30x1.24 » 1.61) 61 percent. 
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In the second case. It is assumed that weight distribution of the 
airplane is unchanged, and equation (4) applies. An increase in L/D is 
therefore acconpanied hy a directly proportional increase in range. If 
the value of We/F is unchanged, an increase in the ratio of thrust 
available to thrust required also results, «nri the attainable altitude 
and speed are increased- The extent of these Increases will be discussed 
later . 


It is assumed that weight saved by decreasing the ratio of airframe 
weight to gross weight Waf/Wg^ is allotted to fuel weight. That is, 

for the bomber, if airframe wel^t is decreased 20 percent (Wgf/Wg^ de- 


creased from 0.30 to 0.24), fuel weight is Increased 12 percent (W^/W 


Increased from 0.50 to 0.56) . 
determined from eq.uatlon (3) . 


The accompanying increase in range is 


So 


The effects of a decrease in specific engine wel^t are considered 
with the assumption that ratio of installed power plant weight to gross 
weight is decreased in proportion to any decrease in Wq/f^ that is, the 
thrust available for any flight condition is not affected by the reduction 
in ^eclfic engine weight. The saving in power plant weight is used to 
increase fuel weight with an accompanying Increase in ran^, as shown in 
the We/F curves of figures 4 and 5 • 

For either the bomber or the fighter, an increase in L/D acconpa- 
nled by a proportional decrease in ^e/^gQ increases range more than a 

change in any other parameter being considered. For the fighter, a de- 
crease in Waf/Wg^ is almost as effective. For the bomber, a decrease 

in is less effective because is a lesser part of the 

total. Since the engine of a bomber is a small part Cf£ total airplane 
weight, specific engine weight has much the least effect on bomber range. 
With the fighter, the effect of a decrease in We/Fo is about equivalent 
to that of an increase in h or in ijg. 

For either airplane, cumulative range extensions result from simul- 
taneous improvement of more than one of the varieibles. Again, it is men- 
tioned that although the results approximate the range benefits that can 
accrue from improvatients in the five variables considered, the results 
in no way iaply the extent to which these improvements can be obtained, 
nor do the results imply whether or not it is advisable to use the im- 
provement in any one factor to Inprove range, rather than speed or 
altitude . 


For the curves presented in figures 4 and 5, it has been assumed 
that the airplane flies at constant values of en^ne efficiency, specific 
wei^t, and airplane L/D. An actual flight, particularly that of the 
fighter, covers a wide range of speeds and altitudes with corresponding 
variations in 





10 




NACA RM 54E23 


One of several possilDle fighter or Interceptor flight plans is 
shown In figure 6, together with a representative breakdown of the fuel 
load allotted for each phase of the flight. If the effects of any of the 
in5>rovenents shown in figure 5 are concentrated into one phase of the 
flight, the phase increase can be greater than the over-all values shown 
in figure 5. For insteince, a 10 percent improvement in engine efficiency 
during the whole flight would mean a 10 percent saving in fuel. If nil 
of this 10 percent saving in fuel is applied to the cruise phases, a 23- 

percent improvement in cruise range (-^xioc^ results. If it is applied 
entirely to the combat phase, a 75 percent in 5 >rovement ^'l xiooj in combat 

time res^ults. A decrease in the installed power plant we^ht from 25 to 
20 percent of the fighter gross weight would, if this weight saving were 
used to increase fuel load, permit combat fuel to be increased from 4 per- 
cent of the gross weight to 9 percent , which would more than double combat 
time. In over-all planning of research programs, it is questionable if 
analysis of the effects of engine variables on airplane performance should 
be cairrled much beyond the present type of treatment. 


Specific estimates can be made of the range expected with current 
airframes and propulsion systems and of the range extension that might 
result from a combination of improvements in airframe anfl engine perform- 
ance. An example of such estimation is presented in figure 7. In this 
case, a long-range interceptor is considered with a weight distribution 
between those listed in table I for the bomber nnf^ for the fighter. T he 
fuel allotted for each of the two cruise phases is 17 percent of the gross 
weight at the start of the phase. The fuel is assumed to be JP-4. In 
the figure, curves for constant engine efficiency, based on conventional 
engine operating conditions, are first plotted to show radius in miles 
(that is cruise out or cruise back) as a function of airplane lift-drag 
ratio. Since is constant, these curves (see eqs. (3) or (5)) 

are straight lines. Three airplane cruise Mach numbers are assumed: 

0.9, 1.5, and 2.0. It is further assumed that the respective airplane 
L/D’b at these Mach numbers are 15, 6, and 3 and the respective engina 
efficiencies, with the afterburner operating, are 12 percent, 18 percent, 
and 23 percent. For Mg^ » 0.9, engine efficiency is assumed to be 22 
percent if the afterburner is not operating. These specific L/D engine 
efficiency points are plotted and designated by the corresponding airplane 
Mach numbers. The several radii of action for the interceptor operating 
with afterbvimer at different Mach numbers are thus determined, gnd a 
curve connecting the points represents the airplane radius of action en- 
velope. This curve is marked "current." The single point for the non- 
afterbximer engine at an airplane speed of = 0.9 is also plotted. 

An Inprovement in engine efficiency of 50 percent (essentially, a 50 
percent improvement in the product hr^g) at all Mach numbers of 50 
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percent in L/d at speeds at or above «a = 1.5 is ne 2 ± assimed. At 
= 0.9, the L/d Is assumed to be 18 Instead of 15. A new envelope 

curve, labeled "advanced," is drawn through these points. While no 
partlcTilar brief is held for the values shown, the cxirve marked "current" 
is reasonably representative of current practice, and the curve marked 
"advanced" is reasonably representative of future practice for which the 
necessary development information is being acquired. For a one-third 
increase or a one-third decrease in the cruise fuel percentages chosen 
(that is for a total fuel load between about 35 and 55 percent of the 
gross weight at take-off), the radii of action shown can be considered 
to vary directly with the fuel load available for cruise. 

A discussion of the effect that fuel heat of combustion has on range 
should Include nuclear-powered propulsion systems. For such systems, 
the number of miles hTjg for which each pound of fuel burned will deliver 
one pound of thrust is many times the value of 240 to 1000 nautical miles 
given for current turbojet propulsion systems and fuels. In fact, the 
hT|g value is sufficiently high that the weight of fuel is negligible; 
if a nuclear-powered airplane will fly at all, its range will be adequate. 
Bie efficiency of such an engine is important, however, from considera- 
tion of the thrust produced per pound of air consumed per unit of time. 

(It is assTjmed that heat produced by nuclear energy is being applied to 
an otherwise appraximately conventional turbojet engine.) 


The primary factor that will determine the success of a nuclear air- 
craft is, therefore, specific engine weight. The relationship of interest 
in regard to the application of nuclear energy is: 


We Wg 
**g 


L 

* D 


( 6 ) 


in -wtiich. is the thrust available at the flight conditioa. Equation 

(6) states simply that for horizontal fli^t at constant velocity, thrust 
available must he equal to or greater than aiiplane drag (thrust required) . 
The ratio of pover plant veight plus fuel weight to airplane gross weight 

— — can prcJbahly he about the same for the nuclear power plant as 

for the chemically fueled aircraft. In this con^arison, for the 

nuclear power plant does not include the weight of fuel for a chemically 
powered supersonic dash if such is to he eii^Jloyed- Using a value of 0.65 
as representative of the maximum permissible value for the ratio 
W + W-p 

— i-, permissible specific power plant weight for the nuclear powered 

airplane becomes: 
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Equation (7) represents, then, the approximate relationship that must be 
satisfied. Because values of L/D for speeds in excess of Mg, »« 1.5 are 
less than approximately l/s those for subsonic speeds, it will be diffi- 
cult to satisfy requlranents of supersonic nuclear-powered flight. The 
difficulties are partially offset by the fact that, considering current 
turbine-inlet teirperatures, at Mg, = 1.5 and Mg — 2.0 specific engl 
wei^ts are, respectively, 0.7 and 0.5 as much as the specific weight at 
Mg.= 0.9. 


Effects on Ratio of Military Load to Gross Weight 

For those conditions under which airplane gross weight is limited, 
means are desired that will permit military loeid to be increased without 
increasing gross weight or decreaaing range. For those conditions in 
which range is of secondary Importance, it may be desir^le to decrease 
gross weight for a given military load. In either case it is desired to 
Increase Wm/Wg^ without decreasing range. Equations (4) or (5) will 
therefore be examined for the condition of constant range to determine 
the extent to which Wm/¥g^ can be increased by vai^I-iig each of the 
other five variables. 


Figure 8 shows the results for a bomber and figure 9 for a fighter. 
For these curves each of the major variables is varied in turn in equa- 
tions (4) or (5) with an accompanying variation in that the 

range remains constant. The abscissas of the curves eure, as in figures 4 
and 5, an increase in h, iig, or L/D or a decrease in Wg/Wg^ or 

"Wq/Fq. The ordinate is either W /¥ (which can be considered as a 
variation in for constant Wg^) or gross weight as indicated. Since 

there is some limit to how high the ratio Wm/Wg^ can go, for a given 


military load or for a given gross weight, the curves are not extended 
beyond Wm/Wg^ of 0.150, that is a gross weight of 50 percent of the 
original weight nor is consideration given to the extent to which it is 
practical to approach this 50 percent figure. Increase in h or Tjg 
increases miles flown per po und of fuel burned, and therefore less fuel 

need be carried. The resulting numerical decrease permitted in Wf /W„ 

^0 »o 

may then be added directly to Actually, referring to equation 

is decreased to compensate for the Increase in 


(4), log 


ne> 


® W V w 
\ ^ % 

and this decrease is achieved through increasing 


Wffl/W, 


So* 


To determine the effect of change in l/d, the same limiting assua^p- 
tions as were discussed for figures 4 and 5 were used. An increase in 
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OJ 

cn 

o 


4 


l/d permits a correspordj.ng decrease in the logarithm in eq.uation (4) 
vlth a consequent increase in Wjjj/Wg^; and, for the case in -which 


^e L 

=j — . ^ s= constant and specific engine wei^t is constant, there is a 
©o 

numerical decrease in W^/¥_ , \diich is also added to 

^ Oq 


V«g„- 

To determine the effects of changes in W^^/Wg^ and in (Wg/FQ)/(L/D) 

(assuming constant l/d) the amount either factor is decreased is added 
directly to Wjjj/Wg so that the sum of the tW3 remains constant. For 


exajjDple, a 25 percent decrease (from 0.300 to 0.225) in ^af/Wg^ for the 
bomber increases Wjjj/Wg from 0.075 to 0.150 (a 100 percent increase). 


For the bomber or the fighter, to maintain constant range for con- 
stant military load and decreasing gross vei^t, an Increase in L/D is 
again the most effective change because the two-fold advantage of an in- 
crease in l/d is realized. A decrease in specific engine wei^t is 
much the least effective means. For -Uie figihter, a decrease in engine 
wel^t is of course much more effective than for the bomber, and here an 
increase in h or Tjg is least effective. As in figures 4 and 5, if an 
increase in l/d is acconganied by no change in the value of ^e/^g^^ 

the effect of the change in L/d is the same as that of a change in h 
or in Tjg. 


Comparison of figures 8 and 9 with figure 3 shows that decreasing 
gross weight of the bomber or fighter by 50 percent or Increasing military 
load 100 percent (increasing Wjjj/Wg^ from 0.075 to 0.150) decreases the 

range potential by 25 or 30 percent, respectively, from what it would have 
been had Wjjj/Wg^ been maintained at the 7.5 percent value. For this 

reason, this procedure is not used except in -those cases -where airplane 
range must be sacrificed to reduce gross -wei^t or -where range is second- 
ary to weight of mliltary load carried. 


Effects on Airplane Altitude and Speed 

Maximum permissible airplane altitude (airplane celing*) and speed 
(considering the trimmed airplane in level flight) are determined by five 
factors: (l) lift-drag ratio of the trimmed airplane as a function of 

altitude and Mach number, (2) specific engine weight as a function of 
altitude and Mach number, (3) the ratio of engine -wei^t to gross weight, 
(4) permissible engine pressure loading, and (5) maximum permissible ambi- 
ent stagnation (total) temperature. These values determine a limiting 
Mach number-altitude envelope for the airplane. 


ing is defined as that altitude at which maximum avail- 
able engine thrust level flight, at 
the flight speed under consideration. 
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Exagine Specific Weighty Airplane L/D Ratio^ and 

Ratio of Engine Weight to Gross Weight 

The Interrelation of the first four factors can be expressed by the 
relationship: 


_ ^eng ^To/^av ^g - . 

^ FtO ■ VD ■ \,TO 

in which is the thriist available under the flight condition and Wg 

is the gross weight of the airplane at the instant \inder consideration, 
and in which the subscript TO signifies the take-off weight or thrust. 

It is noted that the specific weight of the engine at altitude and flight 

^e33g ^TO • 
speed is — ™ ™ — • 

®^T 0 ^av 

As has been mentioned previously, with current combat mllitaiy air- 

^en£ ^f TO / 

craft, the value of ■ + 7 ?—* — is approximately constant (about 0.65 

Wg,T0 Wg,T0 

for a bomber and 0.55 for a fighter). Under this condition if higher 
altitudes are to be obtained without decreasing range, the thrust available 
must be Increased without increasing the ratio ^eng/^SyTO’ Therefore, 
either the specific weight of the engine at altitude and flight speed must 
be decreased or the lift-drag ratio of the airplane must be increased. A 
decrease in either of the two ratios which determine specific engine 
weight at the flight condition is of interest. Ihe possibility of s\xch 
decreases will be discussed in the section on improvements in engine 
performeince. 

The interrelation of the factors in eqtiation ( 8 ) can eilso be ex- 
pressed in a revision of equation ( 6 ): 


. V .P . ^ 5 1 

'^eng/^av ^g 


( 6 a) 


The maximuin permissible siltltude^ or airplane celling^ at any constant 
flight speed is that altitude for 'which the left member of the equation 
equals 1. It becomes necessary, therefore, to examine the effects of 
airplane speed and altitude on airplane lift-drag ratio and on engine 
specific veight. 
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In figure 10, representative values of airplane lift-drag ratios as 
realized or as estimated by the manufacturers (August 1953) are shown fcr 
current supersonic interceptors or fighters. Ihe band shown covers the 
lift-drag ratios for the F-lOO, F-101, F-102, F-104, F-105, F-9F-9, and 
XF8U-1. In each case, the L/D of the trimmed airplane in level flight 
was used. The airplane weights are from 15,000 to 4=4,000 pounds and the 
altitudes considered from 35,000 to 55,000 feet. In general, the high 
limit of L/D shown represents the higher altitude fctr these airplanes 
eind the lower limit the lower altitude. Similar data are not available 
g; for bomber aircraft, but as mentioned previously, an L/d of 1.5 to 2.0 

o times the values given for the filter will provide reasonably accurate 

estimates for analyses such as presented herein. Possible improvements 
in l/d will not be discxissed in this report other than that previously 
considered in connection with figure 7. 

Figure 11 shows the effect of altitude and airplane Mach number on 
specific engine weight. (The L/D curve shown will be discussed later.) 
The external drag of the inlet diffuser is not considered in estimating 
these specific weights since it has been Inclvtded in the drag (D) of the 
airplane. G3ie specific engine weights indicated are for an afterburner 
engine with the aftertnirner operating at a tenperature of 3040° F. The 
values are representative of ctirrent practice. The specific weight of an 
engine is normally given as the specific weight at sea-level static con- 
ditions with the afterbxirner inoperative (military rated thr^lst). For 
the engine ass^aI]led, this value is 0.460 poiond per poiind of thrust. Hie 
take-off specific weight of the engine is (since use of the afterburner 
increases thrust at take-off 50 percent) 0.310 pound per pound of thrust. 
The sea- level static specific weight of the corresponding nonafterbumer 
engine is 0.368* pound per pouiad of thrust. As previously noted, these 
' values are 80 percent of the weight Included in the installed power plant 

of table I. The curves of figure 11 show the degree to which specific 
engine weight decreases with airplane speed and increases with airplane 
altitude. These specific weights at flight conditions are those used in 
determining airplane eiltitude and speed limits. 

For a fighter, the assumption is now made that engine weight is, as 
Indicated in table I, 20 percent of the take-off gross weight (that is, 
installed power plant, 25 percmt). From figure 6, because of the fuel 
consumed before combat, the gross weight at combat is 0.84 of take-off 
gross weight. From the prevloTis assximptions, the engine weight is there- 
fore, at combat, 24 percent of the combat gross weight. A value of 25 


*At a Mach number of 0.9, the specific weights for_the nonafterbvirner 
engine are about 1.5 times the afterb\amer engine values given in figure 
11. Removing the afterburner is assumed to remove 20 percent of the 
engine weight. 





percent is used. Absolute celling of the fighter (eq. (6a)) under these 
conditions vill therefore be that altitude at which L/D of the trimmed 
airplane in level flight is 4 times the specific engine weight. Corre- 
sponding values of L/D for the fighter are inclxjded as ordinates In 
figure 11. These are the L/D*b that must be available if the airplane 
is to fly at the speed and altlttuie chosen. 

If at each airplane Mach number, l/D of the trimmed airplane as a 
f vine t ion of altitude is known, the altitude at which the drag of the 
trimmed airplane is equal to thrust available can be determined. 3T for 
each airplane Mach number (for an altitude range of 45,CX30 to 57,000 feet) 
the approximate maximum value of L/D is as given in figure 10, the air- 
plane L/D - Mach number curve may be drawn as indicated in figure 11. 

The values are somewhat arbitrarily extended to = 3.0. In this case, 
the effect of altitude on the L/D of the trimned airplane is neglected. 

The L/D ctirve in figure 11 is an envelope curve in relation to the 
specific engine weight curves, in that at each Ifech number the airplane 
ceiling is that altitude at which the spec if ic engine weight ctirve for 
that altitude intersects or is tangent to the L/D curve. Within the 
limitations of the assumptions, figure 11 emphasizes the need of lift-drag 
ratios higher or specific engine weights lower than those" now available if 
altltvides cf 65,000 feet or greater are to be achieved in level flight.- 


Bie absolute ceiling envelope as a function of fighter airplane speed 
and altitude can now be determined using the data in figure 11. The curve 
expressing this relationship is plotted in figure 12 and is labeled 



1. The shape of this curve is determined by the relation 


of the L/d ctirve to the specific engine weight curve. 




Maximum Permissible Engine Pressure Loading 

The next step is to consider the limitation placed on flight speed 
and altitude by permissible engine pressure loading. Current engines are 
generally limited to about that pressure differential w'hich occurs at 
= 1.0 at sea level. For full adiabatic ram pressure and a = 1.0 

limit at sea level this pressure differential is; 

^max = ^r,c “ iVia.^ (9) 
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in vhicli: 

maximuni permissible pressure differential^ Ib/sq, in* 

^ engine coicpressor pressure ratio (between 7.0 and 12-0 for cur- 
^ rent turbojet engines) 

Knowledge of the numerical value of APxaax calculation of that 

Mach, number at each altitude which results in a pressure differential 
across the engine equal to Representative values are given in 

table II. 


TABLE H. - EFFECT OF ALTITUDE ON AIE5PLANE MACH 
NUMBER FOR CONSTANT ENGINE PRESSURE LOADING 


AltltiJde, 

ft 

Airplane Mach 
nuniber. Mg. 

S. L. 

1.0 

10,000 

1.4 

20,000 

1.6 

30,000 

1.9 

40,000 

2.2 


In determining these values^ corrections to the engine conqpressor pres- 
sure ratio resulting from inlet -temperature variations with altitude and 
with airplane Mach number have not been made^ nor have corrections been 
made for the effect of stagnation teii 5 )erature on the engine stress limit. 
For these and other reasons^ the data represent an approximation and 
should be so considered. The data from table II are plotted in figure 12 
and labeled Ap =* APjnax* This curve represents that part of the altitude- 

speed limiting envelope -that is determined by engine strength. If the 
engine were required to operate at higher Mach numbers at low altitudes^ 
the casing would be made thicher. This would give the required strength 
but would make the engine heavier and perfonnance at higher altitude 
would suffer. 


Maximum Permissible Total Temperature 

As airplane speed is increased, the total or stagnation temperatiire 
Increases because of adiabatic ram compression. This successively higher 
total temperatiore is approx imately the engine inlet air temperature that 
the turbojet engine must withstand. At an airplane speed of = 2.0, 
this temperatinre is 240^ F (NACA standard day) at altitudes above 35,000 
feet. In figure value is plotted as the lim bing temperature. 
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The three limiting curves that establish the fighter airplane 
altitude-speed envelope are now determined, suad a single curve labeled 
"generalized estimate" is faired from them. Again. It Is emphasized that 

these values are for the trimmed airplane in level flight. 

% 

In addition to the generalized estimate curve, there is included a 
cross-hatched area representative of the area included between the limit- 
ing curves specified by the manufacturers for the USAP fighters listed 
previously. These data show that the generalized estimate is reasonably 
representative of current practice. 

The relative effects of the various factors that may be varied to 
increase the altitude-roeed area included in the envelope are shown in 
figure 13. Had the L/D values for speeds above *“ 2.0 (fig. ll) 
been assumed to remain essentially constant, the corresponding curves in 
figure 13 would, for airplane speeds in excess of « 2.0, slope 
upward instead of slightly downward. The curves as shown are neverthe- 
less representative of the increases in airplane speed and altitude that 
will accrue from inprovements in the limiting values of the factors 
involved. 

The curves of figure 13 indicating the portions of the altitude- 
speed envelope limitations determined by L/D, Wgj^/P, and Wg/Wg show 

the marked Increases in airplane celling that can result from changes in 
these values. For instance, if the amount of metal in the engine relative 
to the engine size is reduced 30 percent and the rate of air flow tlru-ough 
the engine (that is, thrust) is increased 30 percent, specific engine 
weight is decreased to 0.54 of its current value with a consequent in- 
crease in ceiling of 15,000 feet. If this Improvement is combined with 
a 30-percent increase in l/D (23-percent decrease in drag), the specific 
engine weight is decreased to 0.41, and the ceiling is increased by an 
additional 5000 feet. 

The curves also indicate the improvement in ceiling achieved through 
increasing that part of the gross weight allotted to the engine (Wg/Wg) . 

A 30-percent increase in this ratio would cause a 7500-foot increase in 
ceiling. This engine weight increase would also require that the fuel 
load at take-off be decreased from 30 percent of the gross weight to 22.5 
percent. Reference to the fuel allotment tabulation of figure 6 shows 
that this decrease in allowable fuel weight would, if applied to the 
cruise portion of the flight, reduce the radius of action of the inter- 
ceptor by half. 

Because of the general flatness of the 

13), the limitation to maxJmum permissible speed is the engine-pressure- 
loadlng limit at the lower altitudes and the limitation inposed by the 


w ^ |M||H 




We/^av 


w 1 curves (fig. 
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total temperature at the higher altitudes. Solution of the problems 
Imposed by this tanperature limitation -will require much effort. The 
airframe^ the propulsion system^ and the military load are all affected 
about equally. The rate at -which these problems can be sol^red will 
determine the time at -which these higher speeds c-fm be achieved for 
other than short bursts. 


Heat of combustion of the fuel and over-all efficiency of the engine 
do not directly affect either airplane ceiling or maximum speed. They 
may be considered to have an effect because they determine (eq. (5)) the 


^e 

percent that — = 


^e/^av 

'TJb 


may be increased for a given increase in h 


or with R remaining constant. In this case^ as the heat of combus- 
tion h or over-all efficiency is Increased, the fuel carried is 

decreased sufficiently to maintain range constant, and the saving in fuel 
weight is allotted to an Increase in engine weight and consequently in 
thrust available. ReferCTice to equation (5) and to figures 8 and 9 shows 
that maintaining range and ratio of military load to gross weight constant, 
an increase of 20 percent in either heat of combustion of the fuel or 
engine efficiency permits a 15 percent increase in the ratio for 


the fighter and 50 percent for the bomber. The corresponding ceiling 
increases are approximately 4000 feet for the fighter and 13,500 feet for 
the bomber. The corresponding pennissible L/d decreases for constant 
altitude are 14 percent for -the fighter and 33 percent for the bomber. 


Treatment of the effect of a decrease in specific airframe wei^t, 
Wp-p /Wg, in the same manner sho-ws that a given percentage decrease in air- 
frame weight will permit for the fighter a percentage increase in engine 
wel^t of 1.5 times the given value and for the bomber 2.4 times that 
value. These increases -will be accompanied by corresponding increases in 
thrust available and therefore in ceiling or in speed. 


Engine Size 


Engine size is generally expressed in terms of sea- level static 
military rated thrust. The engine size required for any particular air- 
plane is dependent on the product of the maximum value of the ratio of 
thrust required ,to gross weight, and the ratio of the thrust at take- 
off to the thrxist at this flight condition, and on the number of engines 
installed in the airplane. 

Estimates of the req-uired engine size, assuming for instance that 
the combat condition determines the size, can be made as follows. The 
thirst required at combat is determined by the combat values of gross 
weight, lift-drag ratio, and acceleration required for maneuvering. From 
the thrust required at combat, military rated sea- level static thrust can 
be determined from the engine, specific weight-altitude- speed relationship, 
as presented in figure 11. Frbm this thrust and the percentage of gross 
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veight that Is allotted to the engine^ the required sea- level static 
thinist and sea-level specific eriglne weight is determined. Sample values 
are presented In table III. 


TABLE III. - RELATION BETWEEN AIRPLANE CX)MBAT ALTITUDE, SEBCIFIC 
ENOIHE WEIGHT*, AMD AIBPLAME GROSS WEIGHT. « 2.0. 


(a) Long range bomber 


^en«Ag>P0 


Wg^/Wg^ - 0.67 
Weng/Wg^ - 0-15 


65,000 

0.523 


Take--off gross weight 







Mil. rated SLS 
thrust, Ihs 

40,000 

56.000 

80.000 
112,000 

280,000 

390.000 

560.000 

183.000 

256.000 

365.000 

516.000 

115.000 

161.000 

229.000 

322.000 

70.000 

98.000 

141.000 

197.000 


(b) Fighter 

L/D « 3.0 

1.2 g turn Wg^/Wg^ - 0.833 

^eng/Wgro “ 

Weug/V“ 


Combat altitude, 
ft 

Required TO 
spec. eng. wt 
Required mil. rated 
SLS sp. eng. wt 


55,000 

65,000 

1.00 

1.57 

.200 

.127 

.300 

.190 


75,000 


.5 


Take-off gross weight 

Mil- rated SLS 
thrust, lbs 

10,000 

14.000 

20.000 
28,000 

24.000 

33.000 

47.000 

65.000 

15.000 

21.000 

30.000 

42.000 

19.000 

27.000 

16,000 


Airplane ^eed and altitude affect specific engine weight as 
given in fig. 11. 


-cs^SSET- 


rx 




















NACA RM 54H23 


21 


From the v^alues of table HI, the relation between total engine mllltaxy 
rated thrust and airplane g;ross weight is determined. In the coisputa- 
tions, it is assumed that afterburner engines are used and, as specified 
previously, that the ratio of tahe-off thrust to sea-level static 

military rated thrust is 1.5. That is, the ratio of take-off specific 
engine weight to military rated specific weight is 0.67. 

In table Ill(a) , the req^uired sea-level static military rated spe- 
cific engine weight for the combat altitude of 55,000 feet is represent- 
ative of current engine design (see fig. ll) . The table brings out again 
that specific engine weight must be reduced below cuirrent values if alti- 
tudes of 65,000 feet or higher are to be attained at the assimed combat- 
speed and lift-drag ratio with current aii^lane weight distributions. 

The table also indicates the need for engines of greater sea-level static 
thrust or for a greater number of engines as combat altitudes are 
increased- 

In table Ill(b) for the fighter, the same essential points are illus- 
trated as for the bomber. In this case the values at 45,000 feet are 
representative of the values given in figure 11. It is also shown, based 
on the assumed airframe and engine performance and the airplane weight 
distribution, that thrust -wise, vertical take-off becomes a matter of 
choice for fighter airplanes with which combat altitudes of the order of 

60.000 feet or higher can be attained. It is well to point out that 
certain engine in^jrovements that are discussed later will decrease the 
ratio between the sea- level static tbrmt and the thrust at altitude for 
speeds in excess of 

The need of large engines or of multi-engined filters is illustrated 
for the higher combat altitudes. For instance, at 65,000 feet combat 
altitude a 27,000 pound gross weight (at take-off) fighter requires a 
single engine of 28,000* pounds military rated thrust. The thrust avail- 
able for take-off with the afterburaer operating on such an engine is 

42.000 pounds. Ig^rovements in alxplane combat lift -drag ratio or real- 
ization of the engine improvanents mentioned above would do much to 
relieve this situation. 

In table IH, the values of military rated thrust listed are sepa- 
rated by inc3?ements of about 40 percent. If a maximum of ei^t engines 
is to be used in the Ijargest long-rangg bombers, these data indicate that 
a relatively small number of different engines will provide for a wide 
range in gross wei^t for both fighters and bombers. Table HI does not 
represent the complete relation of required engine sea- level static thrust 
to airplane gross wel^t, since the lift-drag ratio for only one altitude 
and fli^t speed is considered, but it shows the general effect of in- 
creased combat altitudes. A more complete evaluation should include a 
consideration of the acceleration and rate-of-cllmb requirements particu- 
larly in the transonic speed region. 


Surnmary 


The interrelationgjli^jlfg- between grotffi "l^^eight, alrtiagfe range, ceiling, 
and speedj and airplane weight distribution, airframe Hft-drag ratioj 
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and propulsion- system characteristics have been examined. The detail of 
the examination has varied with the parameter. Because of contributing 
factors that have not been considered, the analysis is not Intended to 
give precise values. It does provide a background for general research 
emphasis and for estimates in regard to the iirobable airplane performance 
that can be obtained through improvements in the variables considered. 

Of the inf ormation presented, tables I and III, equations (3), (s), «rti^ 
(8), and figures 1, 3, and 13 are probably of most significance. 

Gross weight of the airplane is largely a function of military load 
(fig. 3) and, unless there are considerations limiting gross weight or 
required range, gross weight of the airplane will be of the order of 13 
times the weight of the military load. Figure 1 and equations (3) and 
(s) show the manner in which the primary airplane variables affect range. 
Increases in range will most likely be realized -through Increases in heat 
of combustion of the fuel, in propulsion-system efficiency, and in lift- 
drag ratio of the airplane. Appreciable decreases in specific airframe 
weight do not appear likely. Increases below current values in the ratio 
of military load to gross weight are not an effective means of increasing 
range (fig. 3) . A decrease in specific engine weight will most likely be 
used to Increase permissible airplane speed and altitude rather than to 
Increase range. Since increases in range resulting from Increases in 
airplane lift-drag ratio, engine efficiency, and fuel heat of combustion 
are cumulative, small increases in each are -well wor-th while. 

Figure 13 and equation (8) show approximate limits of current 
fighter-airplane ^eed and altitude. ' To -the extent that the engine in 
the fighter or bomber will constitute a fixed percentage of the gross 
weight. Increased altitude and speed will be obtained jointly through 
decrease in specific engine weight and increase in airplane L/D, both 
improvements giving quantitatively about the same results. A 10-percent 
improvement in either will Increase airplane celling by 2500 or 3000 
feet. As men-fcioned previously, the increase in l/d ratio will also 
increase range . 

The rate at which maximum airplane speed can be raised -to values 
above = 2.0 will depend largely on the rate at which successively 
higher stagnation tenperatures can be tolerated and (at lower altitudes) 
the rate at -which maximum permissible engine pressure loads can be 
raised. 

Engine size (thrust wise) is largely a function of airplane ceiling, 
maximum speed, and number of engines per airplane. As the celling is 
raised, larger engines or a greater number of engines -will be required. 

The next step in the present analysis is -fco estimate the extent to 
which each propulsion- system factor can be improved, considering both 
degree of improvement and possibility of achieving the improvements. 
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The discussion ‘will cover improvenLents In specific engine veight,^ engine 
efficiency^ maximum permissible engine pressure loads^ and fuel heat of 
combustion. Following these discussions the fuel availability, critical 
materials, and lubrication problepis will be discussed. 


CURREOT STATUS MD ESTIMATED IMRROVEMERTS 
IN FRORJLSION SYSTEM PERFORMANCE 

The propulsion variables under consideration will be taken up in 
order; specific engine weight W^^^F, engine efficiency and fuel 

heat of combustion h. For each variable, an estimate is made of the 
present position and of the possibilities for itcpro vement . 

Figure 14 is a diagrammatic sketch of a supersonic turbojet engine. 
The combined aerodynamic and thermodynamic performance of the six major 
engine parts indicated, together with the characteristics of the materials 
from which the engine is made and of the fuel from which the propulsive 
energy is derived determine specific engine weight and engine efficiency 
for any flight condition. 

CertsLin factors that affect specific engine wei^t also affect en- 
gine efficiency. In general, the relation of these factors to specific 
engine weight is discussed in the section on specific weight, and the 
relation to engine efficiencies in the section on efficiencies. 


Specific Engine Weight 

As mentioned previously, the specific weight guaranteed by the en- 
gine manufacturer is the military rated specific weight, that Is, the 
specific weight under sea-level static conditions at rated engine speed 
with the afterburner not operating. The general effect of airplane alti- 
tude and speed on specific engine wei^t at different flight conditions 
has been presented in figure 11. Under any operating condition, specific 
weight of the engine is established for the most part by three variables: 

1. Weight of material in the engine 

2. Rate of air flow through the engine 

3. Temperature to which the air is btorned, which in turn detenaines 

the thrust produced per pound of air flowing through the engine. 

Weight of material in the engine is, of course, a constant for a 
given engine. Rate of air flow through the engine is dependent first on 
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the compressor design and secondly, considering full-throttle operation, 
on the altitude and speed at wMch the airplane Is flying. For airplane 
speeds up to Mg, = 1.0 at sea level and up to Mg = 1,3 at altitudes of 
35,000 feet or over,” the predominant effect of airplane speed and alti- 
tude is change in density of the air at the con^iressor inlet. For these 
flight conditions, sdr-flow rate through the engine can he considered 6us 
the product of the air-flow rate under the sea level static condition and 
p/pg^, in which p^^ is the density of the air under sea level static 

conditions and p is the density of the air at the compressor inlet under 
the specified flight condition. At airplane speeds higher than Mg = 1.0 

at sea level or Mg = 1,3 above 35,000 feet, rate of air flow through 

the engine is further affected by changes in inlet -air temperatvire and 
velocity, because they alter aerodynamic performance of the compressor 
and aerodynamic and thermodynamic performance of the inlet diffuser and 
exhaust nozzle. The effect of these factors on rate of air flow and on 
thrust produced, and thus on specific engine weight, will be discussed 
in the order Just given. 

The effects on specific engine weight of combustion tenrperatiares, 
whether in the combustor or in the afterbximer, and the factors that limit 
these teniperatiires are referred to briefly in this section on specific 
engine weights. They are discussed in more detail in the section on en- 
gine efficiencies, since their effect on specific weights is closely in- 
terrelated with their, effect on efficiencies. The use of special fuels 
to attain higher conibuetion temperatures is discussed in the section on 
fuels. 


Weight of Materials in the Engine 

An analysis has been made by James Lazar (at the time, of the NACA 
Headquarters staff) of engine weights guaranteed or estimated by manu- 
facturers (as of August 1953). These data represent all U. S. axial- 
flow turbojet engines having military rated thrust of 3000 pounds or 
higher from the J-34 through the J-79 engine. The analysis shows that a 
reasonably good correlation is obtained if engine weight is plotted 
against the cube of engine compressor tip diameter, figure 15. As men- 
tioned previously, for a given compressor tip diameter an engine without 
afterburner has approximately 80 percent the weight of an afterburner 
engine. 

The engines are divided into three groups according to their stage 
of development as of approximately August, 1953. Those engines that had 
passed the 150-hour test are represented in figure 15 by diamonds 
those that were in the process of passing this test by squares and 

those that were in the design stage or the early hardware stage by circles. 
With one exception, the weights of engines in the design and early 
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hardware stages are descrihed quite accurately by the straight line of 
equation (10 ). One of the points on the curre of figure 15 is an Ameri- 
canized engine of British design. The data of figure 15 show the present 
state of the art and the reasonable uniformity of engine-wei^t patterns 
being followed by different engine manufacturers. 

In the development of these engines, emphasis has been placed on ob- 
taining hi^er thrusts and hi^er pressure ratios without increasing spe- 
cific engine weight. Considerable emphasis is now being placed on reduc- 
ing the amount of metal in an engine of given diameter, to decrease 
specific engine weight. Consequently, figure 15 and equation (lO) should 
not be- used to estimate future engine weights. 

The relation of various engine diameters to conpressor tip diameter 
are as shown in table lY. 


TABLE 17. - RATIO OF ODTSIDE DIAMETER OF SEVERAL ERGINE 
PARTS TO COMPRESSOR TIP DIAMETER 



Production 

Development 


engines 

engines 

Compressor case 

1.16 

1.07 

Combiistor 

1.24 

1.08 

Turbine 

1.23 

1.05 

Afterburner 

1.32 

1.17 

Engine envelope 
circle 

1.53 

1.35 


In table 17, the "production engines” in general represent those en- 
gines indicated by diamonds in figure 15 and the "development engines” 
represent those engines indicated by squares and circles. 


Rate of Air Flow Through the Engine 

The amount of air flowing through the engine is the second of the 
factors controlling engine weight to be considered. At any inlet condi- 
tion the air flow per square foot of conpressor frontal area, based on 
the tip diameter, figure 16, is a fXinction of the average air velocity 
into the compressor and of the ratio of the -conpressor hub diameter to 
tip diameter (hub-tip ratio). An increase in this velocity or a decrease 
in hub -tip ratio increases this specific air flow. The data for figure 
16 are based on the average inlet axial Mach number far the annular flow 
area immediately ahead of the first-stage compressor tip diameter. Stand- 
ard sea- level conditions are assumed. The maximum air flow rate shown, 

50 pounds per square foot per second, is the value for a "choked” pipe 
under standard sea-level conditions. 
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0?he shaded area marked "subsonic” is representative of present prac- 
tice. The turbojet engines that were in the process of passing or had 
just passed the 150-hoiar test (as of August 1953) have an air flow of 
about 25 pounds per second per square foot. At this air flow_, for a 35- 
inch diameter compressor tip and 62.5 pounds of thrust per pound of air 
per second, the military rated sea-level static specific engine weight 
is 0.460 (fig. 15). The newer engines in the design and early hardware 
stage have an air flow of 27 to 30 pounds per second per square foot. 

The major axis of the shaded oval area (fig. 16) marks the general pro- 
gress to these higher air-flow values by the use of higher inlet veloci- 
ties and lower hub-tip ratios. Values of military rated specific engine 
weight as a function of thrust for the afterb\n'ner engine are shown in 
flgvire 17, assuming the weight-diameter relationship given in figure 15 
and assuming 62.5 pounds of thrust per pound of air flow per second. 

The curve is representative of current engines and should not be used to 
estimate futttre specific engine weight. 

As inlet Mach number is increased, a point is reached (if the first 
compressor stages are to develop reasonably high pressure ratio) at which 
flow velocity relative to the compressor blade tips exceeds a Mach number 
of 1.0. This condition requires that the air foil design of compressor 
blades in the stages involved be transonic instead of subsonic. Current 
research and development data Indicate, as denoted by the area marked 
"transonic", that by using a transonic compressor having a hub-tip ratio 
of 0.35 to 0.40, air-flow rates approaching 40 pounds per second per 
square foot are feasible. At the same time, the pressure ratio developed 
by the transonic stages will exceed that developed by their subsonic 
counterparts. Application of transonic compressors having one or more 
transonic stages is being fostered by the HACA and the engine industry. 

Blades having transonic air foils have operated successfully with 
relative Mach numbers of 1,2 at the tip in a research multistage com- 
pressor. Aa experimental stage, operated at a tip Mach number of 1.4, 
indicated high efficiency. At this Mach number level, the air foils 
might be more properly described as supersonic. There is some promise 
that efficient supersonic air foils will be used for compressor blades 
in the future. Such air foils will, however, probably be exploited for 
increasing pressttre ratio of the stages involved and thereby decreasing 
engine weight, rather than for increasing compressor air flow capacity. 

Consideration of higher rates of air flow through the compressor 
should Include an examination of the ability of other engine components 
(fig. 14), notably the combustor, the turbine, and the afterburner, to 
handle Increased rates of air flow. With current production engines, 

see table IV, the outside combustor diameter is about 1^ times the com- 
pressor tip diameter. Consequently, at sea-level static conditions, for 
the production engines, an air flow, Wgj,, of 25 pounds per second per 

square foot through the compressor corresponds to 16 pounds per second 
per square foot through the circle described by combustor outside diameter. 
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In the newer engines, the ratio of combustor outer diameter to com- 
pressor tip diameter is reduced to 1.10 or slightly less. For these 
engines, the compressor air flow of 30 po\inds per second per square foot 
corresponds to a combustor air flow of about 25 pounds per second per 
square foot of frontal area and the compressor value of 40 pounds per 
second per square foot corresponds to a combustor value of 33 pounds per 
second per square foot. These hi^er rates of air flow through the com- 
bustor generally tend to increase combustor pressure drop, which results 
in a greater relative loss in thrust. Higher rates of air flow also tend 
to decrease combustion efficiency. These two losses can be combined in- 
to a combustor efficiency which expresses them as a reduction in engine 

efficiency. 

r.-* 

g Ability of the combustor to handle the higher a±r flow rates can be 

expressed as an airplane Mach number - altitude curve for a given percent 
combustor efficiency. Such a plot is shown in figure IS for a combustor 
efficiency of 95 percent. For conparison, the current filter limiting 
Mach number - altitude envelope from figure 12 is included. The combus- 
tor data plotted represent values obtained at the Lewis laboratory (ref. 
l) with an experimental annular combustor having an inner diameter 0.4 
of the outer diameter. 

For an engine with a compressor pressure ratio of 7, the maximum 
altitude at which 95-percent combustion efficiency is obtainable is ap- 
preciably higher than current fighter altitude ceilings. Increasing sea- 
level static pressure ratio to 12 increases combustor altitude limits by 
providing less severe conditions for combustion and reducing the effect 
of compressor pressure drops on engine thrust. The data indicate that 
- perfoimiance of the combustor need not delay the use of the higher engine 

air flow rates under discussion. 

The problems of handling greater air flow throu^ the afterburner 
are similar to those of the combustor. Afterburner altitude 1 imits, 
based on data obtained with an experimental afterburner at the Lewis lab- 
oratory (ref. 2), are shown in figure 18 for an afterburner efficiency of 
85 percent. (The curve for an 80 percent efficiency would be about 6500 
feet higher.) Conpressor pressiare ratio has little effect on the alti- 
tude limits iirposed by afterburner combustion efficiency. The data show 
that improvement in afterburner altitude efficiency is required to use 
effectively the higher air flow rates throu^ the engine. 

The problem of handling higher rates of air flow through the turbine 
has been discussed in reference 3 by Cavicchi and English. 

To increase rate of air flow throug^i the turbine, either turbine- 
outlet area must be increased or the product of density of the gas and 
axial velocity of the gas at the turbine outlet must be Increased. If 
the area is increased and the ratio of compressor to turbine diameter 
maintained constant, hub -tip ^^^o^^^tbe^cr eased with 
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be closely proportional to the increase in gas flow rate. Since the t\xr- 
hine outlet is close to the choked condition, to raise the outlet veloc- 
ity, the turbine-outlet tengser attire, and therefore the turbine- inlet tem- 
perature must be raised. Considering the inte^elationahips of the 
different variables involved, the flow will be dependent on turbine-inlet 
temperature and compressor pressure ratio in the manner shown in figure 
19 for a flight MactL number of 1.8 and a turbine-exit axial Mach number 
of 0.7. Since choking occtirs in the rotor passage for an average exit 
axial Mach number near 0.7, the air flows given in figure 19 approximate 
the limiting values. The effect of hub-tip ratio is also shown in the 
figure. The curve for a turbine-inlet temperature of 1540° F and a tur- 
bine hub-tip ratio of 0,65 corresponds to present practice. The data 
show that for air flows in excess of 30 pounds per square foot, either 
increased hub-tip ratio or higher turbine-inlet temperature must be 
employed. 

According to the data in table XIV the flow rate through the turbine 
should be about the same as that throu^ the canpressor. At current 
turbine -inlet temperatures and constant hub -tip ratio (constant annular 
area) increasing compressor pressure ratio has little effect on flow 
capacity because the drop in pressiire across the turbine is almost as 
great as the rise in pressure across the compressor. At the higher com- 
pressor pressure ratios, however, large increases in flow capacity of the 
turbine can be obtained by increasing turbine-inlet temp^ature. For ex- 
ample, at a compressor pressuire ratio of 12 an increase in turbine-inlet 
temperature from 1540° to 2540° F Increases flow capacity approximately 
30 percent. Or a decrease in the hub-tip ratio from 0.65 to 0.50 permits 
the turbine air flow to be increased to approximately the values required 
to take full advantage of the compressor air flow increases discussed in 
relation to figure 16. For no change in engine speed, this decrease in 
turbine hub-tip radius ratio, however, is accompanied by a 33-percent In- 
crease in blade stresses. 

The amount that turbine air flow capacity can be increased without 
an accompanying increase in engine weight is thus dependent on the amount 
that Increases in turbine-inlet temperature, or turbine blade stress, or 
both can be tolerated. With present day turbine materials, these require- 
ments are conflicting. 

With current turbine-inlet temperatures and turbine materials, the 
turbine-blade tensile stresses at the critical blade section are (ex- 
pressed as 1000-hour rupture vailues) limited to about 25,000 pounds per 
square inch. Figure 20 shows an approximation of the effect of turbine- 
blade temperature and material on the 1000-hour ruptiu-e stress. The data 
shown by the solid lines were supplied by Mr. Willi am L. Badger of the 
General Electric Company. The dashed lines represent some newer 
alloys that are in the early development stage. The curves show that the 
current cobeilt- or nickel-based alloys are satisfactory stresswlse for 
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the present turbine -hlade temperatures of about 1500^ but that for 
higher stresses the blades must be cooled to lower temperatures. To 
permit stresses 50 percent hi^er than current values, the blade teinper- 
atures must be decreased 150^ F. For twice the current permissible 
stress, the required decrease is 225^ F. The nickel- and cob6Llt-base 
alloys under development may of themselves extend the permissible stress 
to 30,000 or 35,000 pOunds per square inch, an increase of about 30 per- 
cent. The molybdenum-base alloys would provide still greater strength 
but until the problem of oxidation of the alloy is solved, its satisfac- 
tory use cannot be assured- Considering current blade material and 
turbine-inlet ten^eratures, the required increase in blade stress can be 
obtained by air-cooling the turbine wheel and blades. Figure 21 indi- 
cates the amount of engine air that must be bled from the centre ssor 
outlet to provide this cooling. These data apply to the blade type shown 
in figure 21. The loss in the engine efficiency with turbine cooling is 
negligible. The Loss in thrust as will he discussed later is about equal 
to the percent of cooling air required, about 2 percent for a 300^ F tem- 
perature drop for the blade shown. The possibility of increasing the 
turbine-inlet temperature through turbine cooling will be discussed in 
the section on engine efficiencies. 


Effect on Engine Specific Weight of Aerodynamic and Thermodynamic 
Performance of Inlet Diffuser, Con^ressor, and Exhaust Nozzle 

Decrease in the weight of material in the engine, as has been men- 
tioned, results in a proportional, decrease in specific engine weight 
regardless of flight condition. The same relation is true for the 
increases in rate of air flow through the engine so far discussed. In 
addition, this increase in air flow decreases engine frontal area for a 
given thrust. Those situations will now be considered in which, at high 
fli^t speeds, research and development indicates that the rate of air 
flow through the engine or the thrust produced per pound of air flow can 
be increased by fmrbher inprovements in the compressor, the variable- 
inlet diffuser, and the discharge nozzle. In^rovement of the compressor 
will place increased demands on the turbine- Means of meeting these 
demands will be discussed. 

The airplane speeds at which such effects become appreciable are, 
as has been mentioned previously, in excess of =*1.0 at sea level 
and in excess of « 1.3 at altitudes of 35,000 feet or greater. 
Changes that may effect improvements at these speeds must be considered 
to determine if th^ will cause any loss in performance at the lower 
speeds. The engine conpressor and the related turbine problems will be 
discussed first. 
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Compressor 

The iiaprovements In air-handling edacity of the compressor that 
have been discussed so far are a function of what has been termed aero- 
dynamic design of the compressor. This air -handling capacity Is a func- 
tion of the annulaur flow surea at the first compressor stage and (neg- 
lecting Reynolds number effects) of the permissible average inlet Mach 
number, relative to the peripheral area at this stage. As airplane speed 
is increased, the total temperatxare of the air is increased by ram com- 
•presslon of the air in the inlet dlffriser. The effect of this tempera- 
tiJre increase on compressor performance will be discussed in this 
section. 

If Reynolds number effects are neglected, the aerodynamic perform- 
ance of any row of blades in the compressor, and therefore the rate of 
air flow into the ccanpressor, depends on two factors; Mach number of the 
entering air, relative to the blades, and angle of attack of the blades, 
relative to this air. 


The resultant Mach number and angle of attack are functions of the 
peripheral Mach number of the compressor blades aud the axial Mach 

number Mg^ of the entering air as shown schematically in the diagram of 
figvire 22. 


Peripheral Mach number J^er> given by: 

" VrRor*2 


( 11 ) 


in which 

dg conpressor diameter at blade section of interest 

N compressor revolutions per unit time 

Rar S^s constant for air 

r ratio of specific heats 

t 2 static temperature of the entering air 

Inlet axial Mach number Mg^ is mainly a function of the peripheral Mach 
number: 


Max - f(Mper) 



( 12 ) 
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For a pax’bicular engine^ at constant values of turlDine area and 
engine exhaust nozzle area^ there is one and only one average axial Mach 
number for each peripheral Mach number. A curve representing this rela- 
tionship is given in figure 22. The coordinate values above the abscissa 
axis find to the right of the ordinate axis will be discussed later. Since 
each point on the curve represents a unique value of Mach number and angle 
of attack relative to the compressor blades^ each point also represents a 
unique value of pressure ratio ^ of compressor efficiency, and of inlet 
axial Mach number. Yeilues of pressure ratio relative to the pressure 
ratio at the design peripheral Mach number and values of compressor effi- 
ciency are Indicated on the curve- For this example, ilie design periph- 
eral Mach number is 0.96; on the abscissa scale, this value is labeled 
"rated." 

The upper end of the curve has two limits. The first is a mechanical 
limit inposed by the maximum pemlssible engine stresses produced by ro- 
tative speed. The second is an aerodynamic limit and is that peripheral 
Mach number that results in compressor cJaoking or in other aerodynamic 
limitations such as the need for blade matching between stages. Equation 
(ll) shows that this aerodynamic limit may be reached either by increas- 
ing the engine rotative speed or by decreasing the ten^erature of the air 
at the compressor inlet. 

The compressor is generally so designed that under some subsonic 
flight condition, the maximum permissible peripheral Mach number occurs 
at the maximum permissible speed- In the figure it is assumed that the 
maximum peripheral Mach number occurs at the maximum permissible speed, 
at a flight speed of Ma = 0.6, and an altitude of 35,000 feet or more. 
Rated speed mnd rated peripheral ^fe.ch number are given as 90 percent of 
these values. 


The rate of air flow Wq^ into the compressor is given by: 

^ar -^n 


( 13 ) 


in which 

A^ campressop frontal area hased on compressor tip d i a me ter 

Ajj^ ariTini ft-p flow area at first conqpressor stage 

p density of inlet air 

axial velocity of inlet air 
ax 
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Since: 


^ax = MaxVrHar^2 


(14) 


in which 

tg static ten^erature of the entering air 
equation (13) can he rewritten as: 

^ • X 

Combining the temperature terms and converting to total temperature 
and press-ure at the compressor inlet instead of static pressure and tem- 
peratxire, equation (15) becomes: 





1 + 


r-1 

2 



r+1 

,2(i-r) 


(15a) 


Equation (l5a) shows the manner in which the rate of air flow into 
the compressor varies with the total temperature and total pressure and 
with the axial Mach number. The relation between axial Mach number and 
peripheral Mach number is shown in figure 22. The values in figure 16 
were determined from equation (15a) for conditions of standard sea level 
total pressure and temperature. 

If the engine is operating at rated rpm but the airplane is flying 
at such a speed that compressor inlet-air temperatiore, because of ram 
compression, exceeds sea- level standard air temperature, 60° F, the pe- 
ripheral Mach number will be decreased below the rated value. Values of 
compressor inlet-air static temperatxire, corresponding to airplane Mach 
nxanber from 0.6 to 3.0 at altitudes of above 35,000 feet are given to- 
gether with the airplane Mach number on the abscissa in figure 22. The 
values are tabulated at the corresponding peripheral Mach numbers, equa- 
tion (11), for each respective temperatture with the centres sor operatii^g 
at rated rpm. The airplane Mach numbers are also tabulated on the ordi- 
nate axis at the corresponding axial Mach numbers. Althcugh the rpm of 
the conqpressor has been maintained at its rated value, the air flow at 
flight speeds in excess of ^^ = 1.3 has been decreased below that which 

the aerodynamic speed limit of the compressor would permit. The amounts 
are determined from figures 22 and 16 and are tabulated in table V. 
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TABLE V. - LOSS IN CQMmESSQR PERIPHERAL MACH 
NUMBER AND AIR FLOW AT RATED COMPRESSOR RH4 
[Altitude greater than 35,000 ft] 


Airplane 

Percent 

Loss in 

speed. 

rated. 

air flow. 

“a 


percent 

2.0 

85 

22 

2.5 

75 

37 

3.0 

68 1 

48 


The specific engine -weights given in figure 11 include these losses. 

If engine rpm could be increased to values of 116 percent of rated 
speed at Mg^ » 2.0, 130 percent at « 2.5, and 147 percent at 
Ma = 3.0, air flow would in each case be Increased to the "rated flow” 
and specific engine weight decreased by -the respective amount sho-wn in 
the loss-in-air -flow column. These increases in rpm would increase tur- 
bine blade or compressor stresses (which vary as the square of engine 
speed) 35 percent, 69 percent, and 116 percent, respectively. If the 
data in the table were based on the maximum permissible of 1.07 M 

rather than the rated value of 0.96 M the air flow gains -would be accord- 
ingly greater . 

With a constant exhaust-nozzle area, increasing peripheral Mach 
» number to the rated value also increases con^jressor pressure ratio to the 

rated value. This combination of high coii 5 >ressor -inlet air temperature 
and high compressor pressure ratio results in compress or- outlet tempera- 
tures higher than desirable. Increasing exhaust-nozzle area at the same 
time that engine rpm is increased, -will result in a lesser increase in 
con^ressor pressure ratio than shown in figure 22. 

The -work of Cavicchi and Eng3_ish, previously referred to, has sho-wn 
that the increase in turbine stresses accompanying the higher engine 
speeds -will be one of the most difficult problems to overcome in bringing 
the compressor to rated aerodynamic performance at high flight speeds. 

The discussion on turbine stresses in relation -bo figures 19 and 20 
applies. The cooling required to permit the hi^er stresses discussed 
here will be in addition to that required for this previous use. For 
instance, to decrease hub-tip ratio from 0-65 "bo 0.50 and at the same 
time to permit engine speed to be increased 16 percent (see discussion of 
table V and fig. 19) -would require a stress increase (1.43X1.35) be-tween 
90 and 100 percent. 
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Increasing engine rpm for high flight speeds without increasing 
engine weight also poses problems such as the ability of the compressor 
to wlthsteind the higher stresses. Adequate solutions cannot be assured. 
However, it should be remSnbered that tbs p rocedur^ discussed here pro- 
vides a means for increasing airplane ceiling by 6000 at a speed of 
- 2.0 and by 9000 feet at = 2.5. 


Inlet Diffuser 

The air-inlet and diffuser system plays an important role in the 
determination of effective engine specific weight. Mass flow through the 
engine, and consequently thrust, is directly proportional to the intake- 
system pressure recovery. In addition, thrust per pound of air is a 
function of the pressure recovery, through its effect 'on over-all engine 
pressure ratio. Drag produced by the intake system may also be viewed as 
a thrust decrement. Therefore, for minimum effective engine specific 
weight in a given aircraft configuration, inlet pressure recovery should 
be at the highest possible value throughout the flight range and inlet 
drag should be a minimum. 

These inlet requirements can generally be met satisfactorily in sub- 
sonic al3:p)lanes through the use of fixed-geometry intake systems, inas- 
much as such inlets can be efficient over a wide range of air flow artfl 
flight- ^eed’ conditions. At supersonic speeds, however, inlets have only 
a narrow operating range of flight speed over which they can deliver air 
at high pressure recovery and low drag. When flight speed is changed, it 
is generally necessary to vary the inlet geometry in order to obtain both 
high pressure recovery and low drag. 

As maximum supersonic speed of the aiiplane is incresned, the lim- 
itations of a fixed-inlet design become increasingly severe. It there- 
fore becomes increasingly necessary to provide an air-inlet anrl diffuser 
arrangement that can be ■'mrled both in area anii in relative shape as 
flight Mach number is changed. If this requirement is not met, there 
will be serious thrust losses during some portion of the flight speed 
range. 

The extent of the thrust losses that may be incurred with fixed- 
geometry intake systems and the gains to be obtained from the use of 
variable -inlet geometries are illustrated in figure 23. These curves are 
based on calculated inlet performance data that are in good agreement 
with experimental values . Although the numerical results presented In 
the figure are for an engine operating at constant mechanical speed, the 
inlet -matching problem is qualitatively the same for engines enploylng 
increasing mechanical speed with increasing flight Mach number. 
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Curves are shown for inlets having design Mach numbers of 0.85 and 
2.0. The design Mach number indicates the flight speed at which the 
inlet would supply •tdie e3ogine air flow req.uirements without spillage 
(low drag) and at the maximum inlet pressure recovery currently possible 
with moderate geometric complication. Both inlet designs incorporate 
conoparable conpression surfaces so that they would be capable of operat- 
ing at the same pressure recovery levels through the flight speed range. 
(An inlet designed for Mg^ » 0.85 without a compression range would 
achieve the same subsonic performance levels as those shown in figxare 24. 
At supersonic speeds, however, the thrust would be greatly reduced from 
the indicated values because of the low pressure recoveries associated 
with sinple normal- shock inlets.) At other fll^t ^eeds, the inlets 
would either operate wiih reduced pressure recovery, or with spillage 
and increased drag, depending on the inlet design Mach numb^ . The 
increased drag, where present, has been included in the net thrust 
evaluation shown in the figure. 

The performance attsdnable with a variable-geometry inlet is also 
indicated in figure 23. This inlet is presumed to incorporate a variable- 
angle compression surface . The angle is reduced as flight speed is re- 
duced along such a schedule that pressure recovery is maximized at each 
flight i^eed, .while air spillage is reduced to a low value. Similar, 
though not identical, performance could be attained with Inlets in which 
the conpression surface is retracted as Mach number is reduced, or in 
which excess is discharged throu^ low-drag bypass ports ahead, of the 
compressor face. 

Using the variable- inlet performance as a standard, each of the fixed 
geometry inlets shows serioiis deficiencies. As a result of high air- 
flow spillages, the inlet having a design Mach number of 0.85 stiff ers a 
16 percent loss in available thrust at a Mach number of 1.5. This loss 
is reduced to 5 percent at a Mach number of 2.0. The fixed -geometry inlet 
having a design Mach number of 2 .0, on the other hand, eliminates the 
thrust loss at Mach number of 2.0, but incurs losses as great as 22 per- 
cent of the variable-inlet values at Mach number 0.85. These losses are 
caused by low operating pressure recoveries. Airplane operation to higher 
supersonic speeds than those shown on figure 24 will increase the penal- 
ties of fixed-inlet operation. 

In the conputations for figure 11, which shows the effect of airplane 
speed and altitude on specific engine weight, diffuser performance similar 
to that of the variable inlet was assumed. 


Exhaust Nozzle 


The exhaust-gas nozzle should provide a throat area corresponding to 
specified conditions of te nperaturej pr essure, and weight flow at the 



Jr 


36 


NADA RM 54H23 



afterlDurner outlet. Failure to provide the proper area forces an adjust- 
ment in upstream conditions with a concomitant change in engine operation 
and a loss in thrust. This loss in thrust results from a loss in nozzle 
efficiency that reduces over-all engine efficiency. It can also cause 
throttling of the air flov through the engine, with losses of the type 
discussed in connection with the diffuser. To fulfill the requirements, 
throat area of the exhaust nozzle must he much larger for the afterhum- 
ing engine than for the nonaf terhumi ng engine; smaller variations are 
required hy changes In flight altitude and flight Mach number. Maximum 
jet thrust . ideally occinrs when the flow undergoes a controlled expansion 
to the condition where the jet static pressure equals the ambient pres- 
sure. A controlled eixpaiislon refers to one which takes place over thrust 
producing surfaces as cantrasted with a free-jet expansion such as occurs 
with a sinple convergent nozzle at pressure ratios higher than the crit- 
ical choking value. The amount of expansion required increases with jet 
pressure ratio and hence with flight Mach number. 

The importance of properly expanding the flow at supersonic Mach 
numbers is illustrated in figure 24 (refs. 4 to 8) for an engine of 
advanced design operating at a constant rotative speed and with after- 
burning. The altitudes assumed are sea level for flight speeds below 
Ma =» 0.9, and at the tropopause for flight speeds above Mg^ « 0.9. Four 
nozzle types are shown: (l) a convergent -divergent nozzle with variable 

throat and exit areas, (2) a plug-type nozzle with variable throat area 
that provides for. controlled expansion over what might be considered an 
external surface, (3) an ejector' nozzle with variable throat and shroud 
areas that expands the primary flow into a cushion of secondary air and 
thus provides thrust gains over the convergent nozzle by the mechanism 
of maintaining hack pressure in the secondary flow passage well above 
ambient pressure, aiDd (4) a slnple variable-area convergent nozzle- The 
convergent nozzle becomes increasingly poor as flight speed increases 
until at Mg^ 2 .5 net propulsive thrust is only 77 percent of that 
ideally available. The convergent-divergent nozzle indicates less than 
a 5 percent tbrust loss at the seme flight speed. Unfortunately, 
the mechanical problem of varying the axially symmetric convergent- 
divergent nozzle geometry as required to obtain the Indicated performance 
over the Mach nuniber range is difficult. The ejector nozzle and the 
plug nozzle, however, r present practical configurations that can approx- 
imate the best convergent -divergent nozzle performance with realistic 
geometric variations. Cooling requirements have not been accounted for 
in this figure; only the ejector has potentially a built-in cooling 
system. In the calculations of engine or airplane perf oarmance presented 
herein, nozzle performance approximating that of the convergent -divergent 
nozzle was used. 

Research and development are in progress both on the variable Inlet 
and on the variable convergent -divergent nozzle. There is no reason to 
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Combustion Temperatures 

Specific engine weight under any flight condition can be further 
reduced by burning to highec turbine-inlet temperatures than the current 
maximum of about 1600^ F. Since this effect is intimately related to the 
engine efficiencies^ it is discussed later, in the section on efficiencies. 

Specific weight of the afterburner engine can be decreased if fuels 
can be \ised that will give higher afterburner combustion tender atures than 
those produced with hydrocarbon fuels. This possibility is discussed in 
the section on fuels. 


Engine Efficiencies 


Turbojet-engine efficiency is dependent on the efficiencies of the 
engine components; on engine compressor pressirre ratio; on the ten 5 >era- 
ture to which fuel is burned in the combustor and In the afterburner, if 
an afterburner is used; and on airplane speed and altitude. The effect 
of airplane altitude is secondary and is not considered here. Effi- 
ciency of the engine can be divided into two major factors: thermal 

efficiency and propulsive efficiency. 


Thermal Efficiency 


Thermal efficiency can be expressed as the ratio of the increase in 
kinetic energy of the gas through the engine to the chemical energy in 
the fuel used. Thermal efficiency is a function of: (l) over-all pres- 

sure ratio of the engine, which, in turn, is the product of ram pressure 
ratio in the engine diffuser resulting from the airplane velocity and 
engine compressor pressure ratio; (2) temperature to which the air is 
heated during combustion; (3) whether or not an afterburner is used; and 
( 4 ) efficiency of the en^ne conqponents. Thermal efficiency is measured 
by recording the data necessary to evaluate the equation: 


1/2 

“ gJT2Wa,tf/a) 


(16) 


in which 

thermal efficiency 

Wg^ mass rate of air flow through the engine 
Vj jet velocity relative to the airplane 
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^a 

airplane velocity 




J 

mechanical equivalent 

of heat 



f/a 

fuel -air ratio 





Equation (16) neglects the effect of fuel weight • 


Component Efficiencies 

The effect on thermal efficiency of certain of the con5)onent effi- 
ciencies is shown in figure 25^ in which the efficiency of each component 
is given relative to its design point value^ listed as the current value. 
The effects of diffuser and nozzle performance at supersonic speeds axe 
represented only to a limited degree in this figure. In general,, it can 
be said that li 25 )roveinenta in the efficiency of any one engine component 
over the maximum values now obtained will not have a major effect on 
engine thermal efficiency,, but since the effects of such improvements 
are complementary^ small improvements in each are worth while. Examina- 
tion of portions of the curves to the left of the "current values" point 
indicates the inportance of obtaining high efficiencies over the whole 
engine operating range. From this standpoint,, there is appreciable re- 
search and development to be done^ particularly in regard to the diffuser^ 
combustor^ afterburner, and nozzle. High diffuser, compressor, turbine, 
and nozzle efficiencies over a wide range of conditions become increas- 
ingly harder to maintain as airplane maximum flight speed” is increased. 

The question of matching these engine parts over the whole range of thrust 
required should be the subject of intensive research and development. 
Combustor and afterburner efficiencies, as pointed out previously, tend 
to decrease as altitude is increased, particularly sit the lower airplane 
speeds. 


Effect of Airplane Speed and Turbine-Inlet Temperature 
on Thermal Efficiency 

The effect of engine over-all pressure ratio on thermal efficiency 
can be expressed as: 


’Ith 


= f 


r-1 

r 


L-fe) J 


(17) 


in wMch over -all preseijre ratio, P^. g, is the product of reun pressure 
ratio and compressor pressure ratio at the flight condition under con- 
sideration. The effect of airplane speed on ram pressure, assuming full 
recovery, is given in 
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TABLE VI . - EFFECT OF AIRPLAUE SPEED OR RAM PRESSURE RECOVERY 


Airplane speed, 
“a 

Full -ram-recovery 
pressure ratio 

0.5 

1.2 

1.0 

1.9 

1.5 

3.7 

2.0 

7.8 

2.5 

17.1 

3.0 

36.3 


Since both ram pressure ratio and compressor pressure ratio (fig. 22) 
are functions of airplane speedy thermal efficiency is also a function of 
airplane speed, as sho'wn in figure 26. Curves are shown for several 
values of tinrbine -inlet teii 5 )erature T 4 of a nonafterburning engine and 
for one turbine-inlet temperature (1540*^ F) of an afterburning engine. 

For the nonafterburning engine, two sea- level static compressor pressure 
ratios, 6 and 12, are used. With the afterbumer in use, the effect of 
compressor pressure ratio over the range shown is negligible. The curves 
show essentially three points: (l) For the nonafterbumer engines, ther- 

mal efficiency is increased by going to higher turbine-inlet temperatures. 
(2) For the nonafterburner engines, as airplane speed Is increased ther- 
mal efficiency passes through a maximum. The i^eed at which this maximum 
occurs is increased as either turbine-inlet teir 5 >erature is Increased or 
compressor pressure ratio is decreased. (3) Thermal efficiency of the 
afterburner engine is lower than that of the nonafterburner engine, ex- 
cept at airplane speeds materially in excess of that at which the pre- 
viously mentioned maximum occurs. This maximum results from the fact 
that as airplane ^eed is increased, over-all engine con?)resslon ratio 
increases (at Mg^ = 2.0 and an altitude of 35,000 feet to about 30 and 
60, respectively, for compressors of 6 and 12 sea- level static compressor 
ratio) with a resultant increase in conpressor-outlet tenperatures . For 
a given turbine-inlet temperature, this successively higher conpressor- 
outlet temperature permits successively smaller amounts of fuel to be 
burned, with consequent reduction in energy input. Since the quantitative 
losses in the compressor and the turbine do not decrease, a point is 
reached at which the increasing ratio of these losses to energy input 
become dominant in regard to thermal efficiency. 

In figure 27, the data are replotted using for each flight condition 
the sea- level static pressure ratio that gives optimum thermal efficiency. 
Up to Ma *= 2-0, the curves are essentially those of figure 27 for the 
pressure ratio of 12. From 2.0 to =* 3.0, the sea-level static 

pressure ratio is decreased from about 12 to a little less than 6 . In 
this figure, the relative effects of change in turbine-inlet temperature 
and use of an afterburner are clearly brought out. 
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Propulsive Efficiency 

Propulsive efficiency of tlie engine is the ratio of -work done per 
unit time on the ai2T)lane (that Is, engine thrust or airplane drag times 
the distance flown per unit time) divided, hy the kinetic energy produced 
in the exhaust gas while the airplane is traveling this distance. Using 
as the distance the distance traveled in unit time, the propulsive effi- 
ciency T]p is given hy; 

Pv 

1/2 w^vj2 . 1/2 

In equation (IB), the effect of fuel mass is neglected- 
Since 


w(vj - vj 

(19) 

2^a 

S3 ■■ 

(20) 

vj + v-2 


Figure 28 shows the effect of airplane speed on engine propulsive ef* 
ficlency- The curve shows that use of the eLfterbXirner affects propxjlslve 
efficiency, but not nearly as much as airplane speed does. There is also 
a relatively smaller effect due to Increasing turbine- inlet temperature. 


m 


Over-All Efficiency 

Over-all efficiency of the engine Hg is the product of thermal and 
propulsive efficiencies. Figure 29 shows the effect of flight speed on 
over-all efficiency. 

The values of listed at » 1.8 are the thrust outputs of 

the engines represent®! in terms of thrust per pound of air flow through 
the engine. If the engines under consideration all have the same com- 
pressor tip diameters, the specific engine wei^ts at the airplane speed 
of Ma * 1.8 are inversely proportional to' these values 'of P/Wg^ if 
account is taken of whether or not the engine has an afterhurner. An 
afterhurner is considered to add 25 percent to aogine weight. The spe- 
cific weights so confuted, relative to the specific weight of eui engine 
opiating at current comhustion temperatures, are listed in table VII. 

It is noted that up to an airplane speed of M =2.5 increasijag the 

turbine- inlet temperature decreases the overall efficiency. This effect 
results from a decreasing propulsive efficiency with increasing turbine- 
inlet temperatinre . 
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TABLE VII. - RELATIVE SPECIFIC EKGIKE WEIGHTS AT « 1.8 


FOR DIFFERENT TURBINE -INLEP TEMPERAOTIRES 


AB. 

^4^ 

°F 

Oji 

Relative specific 
■weight 

Yes 

1540 

3040 

1.00 

Yes 

204D 

3040 

.90 

Yes 

2540 

3040 

.85 

Eo 

1540 

.. — 

2.00 

No 

2040 

— — 

1.26 

No 

2540 

— 

.96 


Additional data indicative of the effect of tinrhine -inlet temperature 
on specific engine weight are shown in figure 30. Values of thrust per 
pound of air are given as a function of turbine-inlet temperature and air- 
plane speed. In determining figures 29 and 30^ a variable inlet and a 
cornrer gent-divergent nozzle (figures 23 and 24) were assumed and the appro- 
priate efficiency and thonxst losses included. 

In the Ma «= 1.5 to Ma » 2.0 range, if a turbine-inlet tempera- 
ture of 2500° F can be used, pacific weight of a nonafterbumer engine 
will approximate the specific wel^t of the afterburner e n gi n e using 
current temperatures. For this higher temperature, the nonafterbumer 
engine will have an over-all efficiency 50 percent higher but, as will 
be shown later, specific area will be increased 20 percent. 

The previous discussion has indicated that turbine-inlet tenperatxire 
of 2000° F or more in engines of contemporary design cannot be assured 
through the use of new tiubine blade materials. Turbine cooling at pres- 
ent offers more chance of pennitting such temperatures than improved 
materials. 3h the calctilations for table VII and figure 30, no allowance 
is made for engine performance losses accompanying the cooling that wotild 
be required to permit these temperat^ures with current turbine materials. 


Pooling as a Means of Permitting Higher Turbine -Tnlpt Tenperatures 


The operation of turbojet engines at the higher turbine-inlet tem- 
peratures will require cooling of some engine components beside the tur- 
bine so that the material tenperatxares will not exceed that permissible 
for the stresses imposed. These additional parts are the combustion 
chambers, the tailpipe section (including the inner "bullet") > the after- 
burner shell, and the exhaust nozzle which may include a plug for varying 
area and divergence. The air used for cooling (either air bled from the 
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compressor or ram air) Is diverted from the Tnain thermodynamic cycle. 

Heat Is transferred to this eilr during the cooling process and the cooling 
air Is then mixed with the other air In the Jet nozzle and e^elled. In 
some respects, the cycle of a cooled engine is similar to that of a "by- 
pass engine. Any loss in engine efficiency caused "by air-cooling results 
from pressure losses in the cooling air. 


For the non aftefbumer engine at any turbine-inlet temperature, tentpera- 
tTire of the gases at the exhaust nozzle will be lower for the air-cooled 
t^nrboJet engine than for the uncooled engine because of the dilution of the 
combustion gases by the cooling air. Because of this lower temperature, 
thrust level of the cooled engine will be lower than that of the vcncooled 
tinrbojet engine (about 1 percent for each 1 percent of campressor bleed air) . 

Much experimental work has been and Is being conducted, notably at 
the Lewis laboratory of the NACA, on means of cooling turbine nozzles and 
blades without using excessive amounts of coolljag fluid. The use of li- 
quid coolant is being worked on but not extensively. Some of the results 
of the research on air cooling, using the blade type shown in figure 
21, are shown in figure 31. The results in figure 31 are applicable to 
airplane speeds up to = 2.5. At higher speeds, either more cooling 
air is required or there must be Intercooling of the cooling air between 
the ccmpressor outlet and the turbine inlet . It is seen that under the 
conditions tested, cooling-air quantities of about 10 percent of the total 
engine air are required to permit turbine-inlet tanperatures of 2500° F 
and at the same time maintain the turbine blades at current bleide 
temperatures . 

Sufficient knowledge is probably now available to permit design of 
air-cooled turbines and turbine blades suitable for turbine-inlet tenper- 
atin:es of 2000° F . Additional research and development will probably 
provide means of achieving turbine-inlet terperatures of 2500° F at air- 
plane speeds up to Mg^ »• 2.5. 

Besides offering the inproved cycle efficiencies associated with 
higher tm-blne- inlet temperatures, cooling also provides the means of 
permitting increased gas flow capacity through the turbine, as discussed 
previously in connection with figure 19, and of increasing the permissible 
turbine stresses as discussed in relation to figures 20 to 22. 


Estimates of losses in thrust and efficiaicy incurred by the necessary 
cooling-air expenditures considering the engine as a whole are shown in 
figure 32. The data are for an engine with a sea-level pressure ratio of 
12 to 1, a turbine- inlet tenperature of 2040° F, and an afterburner tem- 
perature of 3040° F. Cooling air for the afterburner shell Is assumed to 
be supplied at ram pressure, and conpressor discharge bleed air is dl- 
vearbed to cool the turbine and the exhaust nozzle plug. The data of flg- 
\ire 32 are based on^an engine designed to current values of turbine 
centrifugal stress. 
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The solid curves represent the calculated performance of the engine 
based on the teir 5 )eratures specified^ but vith no diversion of cooling air 
to any of the component sj in other words^ the high temperature perform- 
ance was assumed to be obtained without any penalty for cooling. The 
dotted curves represent the performance with cooling penalties assessed 
in accordance with the estimated cooling loads that would be imposed on 
the cycle* The loss in thrust per pound of compressor air flow is seen 
to be less than 5 percent in all cases; the loss in over-all engine effi- 
ciency is inconsequential at subsonic velocities, and increases to 4 per- 
cent at =2-0 and 9 percent at =3.0. These penalties are not 
large in comparison to the improvements in performance that are obtained 
with high cycle temperatures at the higher Mach numbers. 

For higher turbine-inlet temperatures (2500^ F), the cooling require- 
ments become more severe, and practically all conponents exposed to the 
combustion gases will reqiiire cooling. Experimental Investigations con- 
ducted at the Lewis laboratory with various combustor designs indicate 
that major changes in design will not be required to permit operation at 
turbine-inlet temperatures up to 2500^ F- No experimental information on 
cooling has been obtained at these higher temperatures. Simple convection 
cooling designs with air ducted through an annular section can be used 
for tailpipe cooling of nonafterburning engines. Ram air can also be 
used as the cooling medium for most applications. If high tenperatures 
at low flight speeds are desired, compressor bleed or exhaust ejectors 
will be required. The air quantities required are small, and the heated , 
cooling air can be expeioded through a nozzle to obtain thrust. 

In considering higher turbine-inlet tenperatures, attention must be 
given to the effect of this type of engine operation on cruise (part- 
throttle) operation. For an analysis of this effect, an interceptor is 
considered that is designed for combat at 50,000 feet and « 2.0 and 
for cruise at 35,000 feet and == 0.9. It is further assumed that the 
L/d at combat is one-fourth that at cruise; that is, the required combat 
thrust is four times the cruise thrust. These values are representative 
of current interceptor design (see fig- 10) . 


Two engines are considered: one operating under current conditions, 

that is 1540^ F turbine -inlet tenperature and 3040^ F afterburner taonpera- 
ture; the second, a nonafterbumer engine with a turbine -inlet tempera- 
ture of 2540^ F. At the cruise altitude and Mach number and at various 
engine throttle settings, the ratio of available cruise thrust to full 
throttle thrust at the combat flight condition is conputed. The results 
are shown in figure 33. In these data, the turbine cooling losses have 
been included. With the afterburner engine, afterburner control from 
zero augmentation to full augmentation is assumed. The data show cruise 
efficiency of the high turbine-inlet temperature nonafterbumer engine to 
be about one-tenth less than that of the afterburner engine. The high 
engine efficiency of the nonafterbumer engine at full throttle is again 
emphasized . 
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Additional estimates on the effects of higher turhine-inlet tempera- 
tures are presented in table VIII. The data apply to the two engines 
considered in figure 33 and an afterburner engine with a turbine-inlet 
temperature of 2540^ F and an afterburner temperature of 3040^ F. Esti- 
mated values of engine efficiency^ specific weight and relative frontal 
area at two flight conditions are presented- The table again shows that 
high turbine-inlet temperature decreases engine frontal area and specific 
weight of the afterburner engines. It also shows the increase in frontal 
area for a given thrust that accompanies use of high turbine-inlet tem- 
peratures without an afterbiirner . 

Because of the apparent in^rovements in engine performance obtain- 
able through use of turbine cooling, additional detailed research and 
development is required on problems associated with other engine components 
that are posed by its use. Additional development effort is also needed 
on the problems presented in using turblne_cpgling to .assist in achieving 
the three objectives discussed in relation to it: (l) greater gas flow 

rates through the turbine, (2) higher turbine rotational speeds, and (3) 
higher turbine- inlet temperatures. 


TABLE Vm. - EFFECT OF AFTERBURNER AND TURBINE-INIET 
TEMPERATURE ON PERFORMANCE 


Flight condition 

SLS Pressure ratio, 12 

. 

SLS Pressure 
ratio, 6 

Engine 

(1) 

AB. 

(2) 

AB. 

(3) 

No AB, 

(1) 

AB. 

(2) 

AB. 

(3) 

No AB. 

Mg, 2.0 

50,000 ft 
Combat thrust 

percent 

Rel. sp. eng. wt 
Rel. area 

24 

1.00 

1.00 

30 

0.84 

.84 

— 

42 

1.04 

1.22 

24 

0.98 

.98 

28 

0.91 

.92 

36 

1.04 

1.22 

Mg 0.9 

35,000 ft 

•i Combat thrust 
4 

percent 

23* 

20* 

21 

18* 

16* 

17 

Engine temperatures 
at combat, ^ 

Engine 

(1) AB. 

(2) AB. 

(3) No AB. 

Turbine inlet 
Afterburner 

1540 

3040 

2540 

3040 

2540 


*Afterb\irner off. 
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Fuel Heat of ConLbustion and Maximum Combustion Teii^jeratures 

An increase in fuel heat of combustion gives a directly proportional 
increase in range (eqs. (3) or (4)). Increasing the conibustion tempera- 
ture increases thrust per pound of air and therefore decreases specific 
weight of the engine; or, as generally considered, increases thrust out- 
put of a given engine. 


Heat of Combustion 

The determination of those fuels which will produce chemical heats of 
combufition higher than those obtained with conventional hydrocarbon jet 
fuels can best be made by plotting the atomic number of the elements 
against the heats of combustion of the elements, figure 34. Ohe expected 
periodic variation in such a plot of a chemical property is obtained. 

For reference, the approximate heat of combustion for the current hydro- 
carbon fuels (JP-4), 18,500 Btu per pound, is included. The data show 
that the elements of interest with respect to high heat of combustion, 
in addition to hydrogen and carbon, are lithium, beryllium, and boron. 

The heat of combustion of lithium is not sufficiently higher than that of 
carbon to mate lithium of much interest. Beryllium will not be considered 
because of its scarcity and extreme toxicity. In addition to hydrogen and 
the hydrocarbons, then, boron and the hydrides of boron are the fuels on 
which emphasis should be placed. Two boron hydrides, diborane ( 22 %), and 

pentaborane (B 5 H 9 ) , have been under investigation for some time. Under 
normal atmospheric conditions diborane is a gas and therefore poses the 
inherent difficulties associated with the use of a gaseous fuel. Penta- 
borane, a liquid of about 15 percent lower density than the liquid hydro- 
carbon fuels, has, as indicated, a heat of combustion about 1.5 times 
that of hydrocarbons. Pentaborane, therefore, offers a potential range 
increase of about 50 percent. The disadvantages of the fuel are that it 
is dangerously toxic, it is unstable, it has solid combustion products, 
and it is expensive to manufacture. 

Under the auspices of the Bureau of Aeronautics, United States Navy, 
an Investigation is under way to determine to what extent a fuel of 
satisfactory properties, but with a heat of combustion approaching that of 
pentaborane can be synthesized from the elements hydrogen, boron, and 
carbon- The ternary chart in figure 35 shows the effect of the relative 
proportions of these three elements on the heat of combustion of such a 
fuel. The calculated lines of constant heat of combustion shown in the 
chart, together with the measured values for diborane and pentaborane, 
were obtained from reference 9; the value for acetylene was obtained from 
the National Bureau of Standards; other measured values were supplied by 
the Mathieson Chemical Corporation- The calculated lines show the gen- 
eral trend of varying th^ percentage conposition on heat of combustion. 
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but the values given by the lines do not necessarily apply to each of the 
individual confounds listed; for example, acetylene. 

Research has shown that adding hydrocarbon constituents to the 
boron- hydrides does much to reduce cost and improve handling qualities 
of the fuel by decreasing toxicity. The chart (fig. 35) shows that cer- 
tain such fuels, decaborane- ethylene for instance," have heats of combus- 
tion about 1.4 times that of current jet fuel. In addition, these com- 
ponents have better physical properties and less toxicity than does 
pentaborane. 

When a boron fuel is burned in the primary combustor of an unmodi- 
fied turbojet engine, solid combustion products (boron oxides) are formed 
ahead of the turbine; these products tend to deposit to a prohibitive 
extent in the combustion chamber and on the tiorbine nozzles and blades. 
Elimination of this problem will not be easy, but progress is being 
made. 


Use of a borane fuel in an afterburner with a conventional hydrocarbon 
fuel in the primary combustors would, at « 2.0, give about a 25 to 30 
percent effective heat of combustion increase over that using JP-4 in the 
afterburner and therefore range increase 25 to 30 percent. Another ad- 
vantage of the boron-hydride fuel is that its combustion efficiency is 
depreciated less by increase in altitude than is that of hydrocarbon fuel. 
The extent to which combustion efficiency of hydrogen -boron-carbon fuel 
will be affected by altitude is not known. 


Maximum Combustion Temperatures 

The elements that should be considered as fuels that burn to higher 
temperatures and thus produce axidltional thrust augmentation are indicated 
in figure 34. Aluminum or magnesium give appreciably higher combustion 
tenperatures than do the hydrocarbons. Silicon and phosphorus should have 
about the same values as aluminum and xaagnesium. Boron shows some improve- 
ment over the hydrocarbons. It is questionable that other elements are 
of Interest, because of the generally lower heats of combustion at atomic 
numbers above that of phosphorus. 

Both magnesium and aluminum have appreciably lower heats of combus- 
tion than do the hydrocarbons although their combustion temperatures are 
higher. This fact means that their high combustion temperatures are ob- 
tained at the expense of high fuel-air ratios and therefore high specific 
fuel consumptions (that is, lower values of hr] even thoxigh tj remains 
high) . ® ® 
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The relation "between combnstion ten^erature and thrust is given hy 
the equations: 

F = + f/a) vj - vj (2L) 

in which 



F 

thrust 

CN 


W«T. 

weight flow of air per unit time 

O 


f/a 

fuel-air ratio 


Va 

airplane velocity 



jet velocity 


and 



in which 

K a constant 

T combustion tonperature 

m average molecular weight of exhaust products 

expansion ratio of gases 


( 22 ) 


Augmentation values con^iuted for the fuels of interest are shown In 
table IX. The special fuels are assumed to he used in the afterburner 
only, with JP-4 being used in the combustor. The data show that substi- 
tution of other fuels for JP-4 in the afterburner of a turbojet engine 
may produce theoretical Increases in augmentation of up to 40 percent. 
Research on powdered magnesium slurries in JP-4 is being conducted with 
considerable success . Over-all fuel consumption rate would be about the 
same for a 40-percent augmeitatlon ratio, whether the augmentation is 
obtained by use of magnesium as a supplementary fuel or by use of aux- 
iliary rockets. 
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TABLE IX. - EFFECT OP AFTERBUIIMER FUEL OR RELATIVE 


TURBOJET AUGMERTATIOH, AIRPLANE SEEED 
Mg = 0 TO = 1.0 


Fuel 

Thrust ratio, 
Aug thrust 
Aug thrustcgH^g 

Afterburner 

combustion. 

sfc, 

lb fuel- hr/ 
lb thrust 

Cs^S* 

1.00 

3700 

2.1 

B2 

1.04 

3700 

1.2 

B 

1.11 

4600 

2.7 

%% 

1.09 

4300 

2.1 

A1 

1.27 

5200 

5.3 

Ms 

1.42 

1 6000 

6.3 


Representative of JP-4, 

vy 

Assuming stoichiometric mlxttire. 


FUEL AVAHABILITr 

The aTailability of turbojet fuel is determined by the amount of the 
cr^lde products that eire available, the percentage of the products that 
can be allotted to production of ttirbojet fuel, the cost in men and mate- 
rials of the refining or manvif ac tur Ing process, and the limits on quan- 
tity of the finished products Imposed by the fuel specification. 

In regard to the special fuels mentioned, the availability of boron 
is probably siifficlent fcxr specialized Tise. Based on present knowledge, 
the cost of manufacturing a hydr(^en-boron-carbon fuel is high and may be 
the controlling factor in determining the extent of its use. Magnesium 
is sufficiently plentifial for magnesium slurry in petroleiom fuel. Cost 
of the powder in q’uantity production will probably be about fo.50 a 
pound. 

Figure 36 shows the availability of petrole\ma fuel, currently JP-3 
and JP-4, in relation to the respective fuel specifications. The fig- 
ures are based on the finished product in relation to the total of crude 
oil available and do not consider the many other uses for which the 
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con^onents of JP-Z and JP-4 might be required in event of an all-out emer- 
gency. Total cxTjde oil available^ in case of an all-out national emer- 
gency, is estimated to be 8 million barrels a day. Eie extent to vhich 
the amount of turbojet engine fuel available may be decreased by more 
restrictive specifications is indicated in the comparison of the figures 
for JP-4 with those for JP-3. Current thinking is that such a decrease 
in fuel availability is advisable in order to Increase fuel quality with 
consequent lessening of engine maintenance. Successively higher flight 
speeds at high altitudes, with the accompanying higher temperatures to 
which fviel in the airplane will be subjected, will require further elimi- 
nation of the lower boiling temperature (gasoline) constituents an.d will 
thus further decrease quantity available. 

Because of the other fuel requirements, all the fuel indicated in 
the txarbojet fuel barrel will not be available. Estimates are that 25 
percent of the total crude, that is, 2 million barrels per day of Jet 
fuel, will be allowable. Ass\uning an average engine efficiency of 20 
c 11 

percent, 2.0x10® barrels of JP-4 a day would provide 3x10 pound thrxist- 

mlles a day. Assuming, for example, an average airplane weight of 50,000 
poxmds and an average airplane L/D of 10, this fuel quantity represents 

6x10^ airplane-miles a day. 


LUH?ICATI0N 

Provision of adequate lubrication for the turbojet engine at high 
flight speeds presents problems that will be solved only throij^ intensive 
research anfi development. At Mach 2.0, the stagnation temperatiore (RflCA 

standard day) is 240° Pj at Mach 2.5, 400° Fj and at Mach 3.0, 600° P. 

The magnitude of the lubrication temperature problem will depend upon the 
duration of high-speed flight time. If this time is long enoxigh that the 
temperature of the aircraft approaches the stagnation temperature, the 
problem is severe. 

It becanes apparent that unless mechanical refrigeration is \ased 
lubricants «ri(^ bearings must be developed to withstand higher tempera- 
tures. Table X shows bulk lubricant and bearing temperatures based on 
assumptions that bulk lubricant temperature is 50® F higher than stagna- 
tion +. emp (=»-rfl.t.uTft bearing temperature is 150® F higher. 
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TABLE X. - ESTIMATED EETECT OF AIRCRAFT SPEED ON BULK 


LUBRICANT AND BEARING TEMPERATURE 


Mach no . ^ 

Bulk lubricant 

Maxintum bear- 


temperature. 

Op 

ing temperature. 

Op 

2.0 

290 

390 

2 .5 

450 

550 

3.0 

650 

750 


Sustained flight ahovei 3S^000 feet. 


The presently used 'bearing material, SAE 52100 steel, is limited to highly 
loaded bearing applications below 350° F. Above this temperature, two 
changes take place that make It unsuitable. Structural changes take place 
that cause permanent dimensional increases, and the material softens.. 
Proper heat treatment can raise the dimensional stability limit of SAE 
52100 to 400° Ff the material will, however, be softer than is desirable. 
Tool steels have sufficient hardness and dimensional stability up to . 

800° F; to date, however, there are insufficient data available to tell 
if ttiey will have satisfactory fatigue life. 

Friction between steel and the material cvirrently used for bearing 
cages, iron-silicon-bronze, is almost constant up to 600° F. As tempera- 
ture is increased above that value, friction increases considerably. Use 
of other materials, such as nodular iron or certain of the nickel alloys, 
whose coefficient of. friction decreases with increase in temperature, 
will possibly alleviate this problem. Past difficulties with cages at 
moderate ten^eratures indicate that development of adequate cages for high 
temperatures will require substantial effort. 

Provision of a lubricant that will operate satisfactorily at the 
higher temperatures also appears difficult. Present synthetic fluids, 
such as the diester s, are adequate for bearing ten^eratures up to 500° F, 
if bulk lubricant temperature does not exceed 350° F. If a closed system 
is used that limits the amount of oxygen that may contact the lubricant, 
allowable bulk lubricant temperature may be increased to 500° F. Fcxr 
bearing temperatures above 500° F, it seems probable that solid or gaseous 
lubricants will be required. 


CRITICAL MATERIAIS 

The section on engine efficiencies discussed the development of 
engine materials to withstand higher turbine-inlet temperatures. This 
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section discusses the availability of materials in relation to turbojet 
engine construction. The materials “whose availability may limit the 
aircraft -engine production are the elements cobalt^ columbium^ chromium^ 
nickel^ molybdenum^ and tungsten. For current engine usage, titanium 
is not limiting. This situation can change markedly with decreased 
titanium production costs and conseq_uent increased demands . 

Figure 37 shows the way in which each of these limiting or critical 
materials is distributed among the major coniponents of turbojet engines. 

The values are averaged from data for the engines produced in the United 
States. Cobalt, columblum, molybdenum, and tungsten are used only in the 
turbine and afterburner, but chromium and nickel are distributed fairly 
uniformly among a-Vi the components. The total weight of these critical 
materials is generally about 17 percent of the gross engine weight for 
either nonafterburner or afterburner engines . 

In unpublished data, U. H. Woodward of the NACA staff has shown 
(fig. 38) that for the J-33, J-34, J-35, J-40, J-42, J-47, ajod J-48 
engines (represented hy "diamonds”) the distribution of the csrltical mate- 
rials can be conveniently shown in graphical form. In each case, the 
amount of each critical mateirial, or group of materials, is given as a 
percent of the total weight in the engine of all the materials listed in 
the figure. For these earlier turbojet engines^ columblum and cobalt 
were the metals that would limit engine production in case of a national 
emergency (ref. ID) . The data represented by the three squares are for 
more recent engines, in which the manufacturers have used but little cobalt 
and columblum. To the extent that these three points represent current 
design procedures, they show that cobalt and columblum can be reduced to 
2 percent or less of the total critical material. They also indicate 
that as the ratio of nickel to chromium is increased, the cobalt- 
columbium-tantalum percentage and the molybdenum-tungsten percentage 
decrease . 


The + symbol in figure 38 indicates the target for the average 
distribution of the materials, considering all engines produced, set in 
1952 by the then existing Munitions Board (ref. lO) - This analysis 
allowed for use of these critical materials up to 10 percent of the total 
engine weight; compared to the current value of 17 percoit. 

Nickel and chromium are currently believed to be the materials that 
would limit production of aircraft turbojet engines in an all -out national 
emergency. Chances are slight that the amounts of these materials that 
can be mined within the United States and adjacent territories will in- 
crease beyond present estimates. The data presenting the relative values 
of requirements and availability were assembled in 1952 (ref. 10) . 


In table using the 1952 values, 
virgin chroml ii^fy 



the amounts of virgin nickel and 
the estimated total amounts 
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available for turbojet engine production are tabulated. The amounts 
available are based on conditions of maximum permissible availability 
from North America and the adjacent islands and Include such stockpiling 
as was then planned. Under current practice^ the amount of virgin nickel 
or chromium required to build an engine is roughly four times the amount 
that remains in the finished engine. As shown in the second part of the 
table, it is estimated that with rigid scrap and discarded parts control 
this ratio could be decreased to about 2 to 1, with a corresponding in- 
crease in the number of engines produced. The 5000-poxind engine used as 
an example would give a sea-level static military rated thrust of 11,000 
to 15,000 pounds^ approximately' that of cuireht en^nes . 


TABLE XI . - ESTIMATED ENGINE PRODUCTION AS LIMITED BY NICKEL AND CHROMIUM 



Nickel 

Chromium 

Virgin metal availatle/year 
(5 yr period) lbs 

108 >0.0® 

190X10® 

Under current practice 


Virgin metal required/engine, 
percent engine -weight 

30 

38 

Losses: ‘ 



Mill and melt, percent engine 
weight 

6 

7 

Fabrication, percent engine 
weight 

17 

22 

Virgin metal in finished engine, 
percent engine weight 

7 

9 

No. 5000-lb engines/year 

70,000 

100,000 

With rigid scrap and discarded parts control 

Virgin metal required/engine, 
percent engine weight 

15 

19 

Losses; 

Mill and melt, percent engine 
weight 

5 

6 

Fabrication, percent engine 
weight 

5 

4 

Virgin metal in finished engine, 
percent engine weight 

7 

9 

No. 5000-lb exigines/year 

140,000 

200,000 
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The practicablll'by of considerlrig other elements as replacements 
for the six elements listed as critical materials can he evaluated from 
a consideration of a plot of melting temperature against atomic nuniber 
for the various elements^ together with Information on the avallahility 
of the elements* These data are given in figure 39. Again^ the periodic 
vaxiation of the property under examination is noted. The relative abun- 
dance figures indicated hy the symbol code represent current world pro- 
duction^ and the values at the plotted points (from ref . U) indicate 
the percentage of current world production of the material that is mined 
in North America and the adjacent islands. For a material to be con- 
sidered for more than 5 percent use in the con^plete turbojet engine^ the 
relative abvmdance figure should be 15 to 50^ or greater, and the per- 
centage mined in North America 10 percent or greater . 

Metals are required that have a melting temperature ^ual to or 
above that of the nickel-cobalt -chromium group and are ^out as available 
as these metals . The only higher melting elements that are sufficiently 
available to warrant consideration are molybdenxim and tungsten. Alloys 
non+.ad T^^ ng these materials have and are being worked on. The strengths 
of tungsten Alloys have so far been disappointingly low. The molybdenum 
alloys appear mere favorable^ but unless means of redu c i n g their oxida- 
tion are found, their satisfactory use cannot be assured. There are 
only two additional elements that have melting temper atxires in the range 
of those of nickel, cobalt, and chromium; vanadium and titanium. De- 
velopment has been carried out on vanadium alloys, but so far the brit- 
tleness of high- temperature vanadium alloys has not been eliminated. 

Work on this metal is continuing. Although research on titanlinn is 
proceeding, its characteristics as a major constituent of high- 
temperature alloys are still unknown. 

The data in figure 39 indicate that further relief in the critical 
material situation through substitution of materials cannot be assured. 

Cermets (mixtures of ceramics and metals) and intermetallics are 
being investigated as materials for turbine blades. Work is being done 
to obtain turbine blades that will pennlt turbine -iiilet temperatures of 
2000° F or higher, but success is far from certain. 

If figures presented in table XI do not show a sufficient number of 
pounds of aircraft engines under national emergency conditions, a reex- 
amination of the materials situation is in order. 


CONCLUSIONS 
A^T-plane Performance 


The results of 
with, weight distrib 
performance is affected 
follows: 


have shown that for cembat airplanes 

;itly in use, airplane 
agine variables as 
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1. Except as airplane take-off or landing runs is limited or as 
range is of secondary in^ortance^ gross weight of the aiiplane at take- 
off is largely determined by military load. In general^ a gross weight of 
12 to 14 times the military load gives a reasonable contpromise between 
range and gross weight. 

2. The range of each class of aiarplane (that is, fi^ter^ bomber, 
etc.) is for the most part, determined by heat of combustion of the fuel, 
efficiency of the engine, and lift-drag ratio of the airplane. Range 
will be increased directly as each of these variables is increased. 

3. Where gross weight is limited by take-off or landing facilities. 
Increase in airplane lift-drag ratio is the most effective means of per- 
mitting the required range, altitude, and speed to be maintained with 
continually increasing military load. For the bomber, increase in fuel 
heat of combustion or in engine efficiency, or decrease in specific 
airframe weight* sure equally effective, although these changes are some- 
what less effective than increase in airplane lift-drag ratioj decrease 
in specific engine weight* is least effective. With the fighter, decrease 
in specific airframe weight* is almost as effective as increase in lift- 
drag ration next in order of effectiveness is decrease in [^eciflc engine 
weight*, and least effective is Increase in the heat of combustion of the 
fuel or in effieiency of the engine. 

4. The most effective method of increasing permissible airplane 
altitude, assuming the 12 to 14 ratio between gross weight end military 
load is to decrease engine specific weight or to increase airplane lift- 
drag ratio. In either case, a ID-percent improvement results in a 2500 
to 3000-foot Increase dn airplane ceiling. If the airplane weight dis- 
tribution is not changed, a given increase in lift-drag ratio will at 
the same time result in a proportional increase in range. 

5. Attainment of military airplane speeds greater than Mach 2.0 will 
for -the most part be dependent at high altitudes on solution of the 
problems imposed by the high stagnation temperatures. The heating prob- 
lems are probably equally divided, between the airframe, the propulsion 
system, and the military load. At low altitudes, such ^eeds will be 
dependent on the rate^at, which higher engine pressure loads can be tol- 
erated without increasing engine weight. 


6. The size engines required, as defined by sea level military rated 
thrust, is dependent on (1) that flight condition which requires the high- 
est value of the product of the ratio of thrust to airplane gross weight, 
and ratio of thrust available at sea level to thrviBt available under this 
condition, and (2) the number of engines in the airplane. As combat alti- 
tude is Incresised, the required sea- level static militeiry rated thrust for 
a given gross weight airplane is increased. With current fighter airplane 


♦Assuming the de 
weight. 

♦ 



dtio of fuel to gross 




o 


<D 

to 
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weight distributions and lift-drag ratios^ for a combat altitude of about 
60^000 feet at !^ = 2.0^ the available take-off thrust will exceed the 
airplane gross weight at take-off. For current military loads ^ such 
fighters will require multiple engines or single engines delivering in ex- 
cess of 20^000 pounds military rated sea-level static thrust. These high- 
alt ittade thrust demands will require that specific engine weight at take- 
off be about two- thirds current value. As research results in in 5 )rovements 
in aerodynamic compressor performance at high airplane speeds and improve 
combat lift-drag ratio, engine size demands will lessen. 


Propulsion System 


The turbojet engine data analyzed In the report have indicated that 
the three major propulsion- system variables (^ecific engine weight, 
engine efficiency, and fuel heat of combustion) can be foreseeably im- 
proved as follows. 


Engine Specific Wei^t 

1. Specific engine weight will be decreased to about two-thirds the 
current value through in^irovements in the air -handling ability of engines. 
This decrease will apply through the whole flight range and will be ac- 
con^snied by an equal decrease in ^eciftc engine area. 

2 . Further marked decreases in specific engine weight will be re- 
alized through in^irovements in mechanical design knowledge that allow 
less metal to be used in a given size engine. This phase of turbojet 
engine development is being emphasized heavily. 

3. Specific engine weight and ^ecific engine area at airplane elti- 
tudes in excess of 35,000 feet and at airplane ^eeds in excess of 

= 1.3 can be decreased appreciably. If engine speed can be increased 
to bring the compressor to rated peripheral Mach number, the decrease 
will be 20 percent or more at Mg, = 2.0 and 35 percent or more at 
Mg^ = 2.5. The increase in engine speed will require turbine cooling and 
strengthening of the conpressor. The speed increases for the weight 
decreases given are 16 percent at Mq^ = 2.0 and 30 percent at Mg^ = 2.5. 

4. As airplane speed is increased above Ma = 1-3, performance of 
the inlet air diffuser and of the exhaust nozzle become increasingly 
important in relation to specific engine weight. Variable-geometry and 
variable-area inlets and variable-area convergent -divergent exhaust noz- 
zles are required. The general principles involved in the design of 
these devices have been the subject of much continuing research and 
development. Simple and reliable mechanical designs are required. 
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5* For short, bursts of high thrust (that is^ momentary decrease in 
specific engine weight) petroleum fuels containing magnesium slurries 
can be used. By using such fuel, a 40 -percent Increase in thrust may be 
obtained. This increase is accompanied with a trebling of specific fuel 
consumption and an Increase of several hundred degrees in afterburner 
temperature. With respect to fuel consumption, rockets are a competitive 
means of supplying this augmentation. 


Engine Efficiency 

1. Turbojet engine efficiency may be increased about a quarter-fold 
through improvements in component design, but the rate of improvement 
will be relatively slow. 

2. With afterburner engines, increasing turbine-inlet tenperature 
to 2000^ or 2500^ F will give about a 10-percent or somewhat greater 
Increase in engine .efficiency. This increase is acconpanled by a some- 
what lower decrease (depending on the quantity of cooling air required) 
in specific engine weight and frontal area. Turbine-inlet temperatures 
of 2000^ F are probably feasible now, through use of turbine cooling. 
Temperatures of 2500° F appear possible through additional research and 
development . 

3. If turbine-inlet temperatures of 2500^ F can be achieved, specific 

weight of an nonafterburner engine in the Mq^* 1.5 to region 

will equal specific weight of an afterburner engine using current tem- 
peratures. The nonafterburner engine will have an efficiency 50 percent 
greater, but its specific frontal area will be 20 percent greater. 


Fuel Heat of Combustion 

1. Heat of combustion of the fuel can be increased up to 50 percent 
through use of boron-hydride fuels. The major problems to be overcome 
in the production 8uid use of such fuels are (a) they are generally ex- 
tremely toxic and are otherwise dangerous to handle, (b) they are expen- 
sive to manufacture, and (c) boric oxides in the combustion products may 
form solid deposits which tend to adhere to the engine parts. All three 
problems are being worked on extensively. It appears that a fuel con- 
sisting of hydroborons in chemical combination with hydrocarbons will 
greatly lessen the toxicity and general handling problem and provide 
a 40-percent heat of combustion increase over current hydrocarbon fuel. 
The cost of these fuels may determine the extent of their use. 
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2. Current petroleum fuel resources will allow for aircraft opera- 
tion to a value of alDOut SxlcA-^ pound tiirust miles a day, under national 
emergency conditions. This number includes turboprops and ram- Jets as 
well as turbojets. 


Materials 

Progress in regard to the materials of which the turbojet engine is 
made is as follows: 

Columbium and cobalt have been deleted from the engine to the extent 
that production of these two elements no longer limits production of air- 
craft engines. 

In case of an all-out emergency, nickel and chromium will probably 
limit the rate of turbojet engine production. Current estimates are that 
in case of an all out emergency present nssthods could produce 70,000 to 
100,000 engines per year over a 5 -year period. There is little reason 
to expect that use of new materials will permit this figure to be in- 
creased. More adeq_uate scrap control, however, might double this limit. 

Current progress on the development of turbine-blade materials that 
will stand increases of more than 200^ F in the turbine-inlet temperature 
is slow, and successful solutions cannot be assured-. However, an increase 
of as much as 100° F in permissible material tonperature will have impor- 
tant affects in increasing engine reliability, or in permitting higher 
engine stresses. 


Lubrication 

Provision of adequate lubrication for turbojet engines at stagnation 
temperatures occurring at speeds in excess of « 2 .0 is one of the 
major difficulties to be overcome if such flights are to be feasible for 
other than short bursts. Methods of providing this lubrication are not 
now apparent. 
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APPENDIX - SYMBOLS 

The following symbols are used In this report: 

area ■ 

afterburner 

constant ... .. — 

drag 

diameter 

thrust 

function 

fuel -air ratio 

acceleration of gravity 

heat of combustion 

mechanical equivalent of heat 

constant 

lift 

Mach number 

average molecular weight of exhaust products 

compressor revolutions per unit time” 

total pressure 

pressure ratio 

static pressure 

range 

gas constant for air 
sea- level static 
specific fuel 
total (stagnat 

static temperature -^SE(JR£T 
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V velocity 

W weight 

w mass -flow rate 

Ap pressure differential 

Y* ratio of specific heats 

T) efficiency 

p density 

Subscripts: 
a airplane 

ahs absolute 

af airframe 

alt altitude 

ar air 

av available at the flight condition 

ajc axial 

C cruise 

c compressor 

e engine, installed power plant 

eng engine as supplied by manufacturer 
f fuel 

g gross 
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o initial flight conditions 
p propulsive 

per peripheral 

r ratio 

si sea level 

TO take-off 

th thermal 

X expans ion 

0 free- stream 

1 diffuser inlet 

2 conqjressor inlet 

3 compressor outlet 

4 turbine inlet 

5 afterburner 

6 nozzle exit 


REFERENCES 

1. Zettle, Eugene y., Norgren, Carl T., and Mark, Herman; Combustion 

Performance of Two Experimental Turbojet Annular Combustors at Con- 
ditions Simulating High-Altitude Supersonic Flight. NACA EM E54A1S, 
1954. 


2. Nakanishi, S., Velie, W. W., and Bryant, L. : An Investigation of 

Effects of Flame-Holder Gutter Shape on Afterburner Performance. 

NACA EM E53J14, 1954. 

3. Cavlcchi, Richard H., and English, Robert E.; Analysis of Limitations 

Imposed on One-Spool Turbojet -Engine Designs by Compressors and Tur- 
bines at Flight Mach Numbers of 0, 2.0, and_2.8._ NACA EM E54F21a, 
1954. ' ' ' 


4. Steffen, Fred W., Krull, H. George, and Schmiedlln, Ralph F. ; Effect 
of Divergence Angle on the Internal PerformanceCh^act eristics of 
Several Conical Conve r geTi,’* ] WitW em E54H25, 1954. 





3460. i 


3460 


NACA RM 54H23 


61 



■ayfiHB QR'RT r - . 


5. KruLl, H. George, and Beale, William T. : Effect of Plug Design on 

Performance Characteristics of Convergent -Plug Exhaust Nozzles. 

NACA m E54E05, 1954. 

6. Greathouse, W. K., and Hollister, D. *P. ; Preliminary Air-Flov and 

Thrust Calibrations of Several Conical Coo3ing-Air Ejectors ■with a 
Primary to Secondary Teniperature Ratio of 1.0. I ~ Diameter Ratios 
of 1.21 and 1.10. NACA RM E52E21, 1952. 

7. Greathouse, W. K., and Hollister, D. P. : Preliminary Air -Flow and 

Thrust Calibrations of Several Conical Cooling-Air Ejectors ■with a 
Primary to Secondary Temperature Ratio of 1.0. II - Diameter Ratios 
of 1.06 and 1.40. NACA RM E52F26, 1952. 

8. Krull, H. George, and Steffen, Fred W.: Perfoirmance Characteristics 

of One Convergent and Three Convergent -Divergent Nozzles. NACA RM 
E52H12, 1952. 

9. Brei'twieser, Roland, Gordon, Sanford, and Gammon, Benson: Summary 

Report on Analytical Evaluation of Air and Fuel Specific-Impulse 
Characteristics of Several Nonhydrocarbon Jet -Engine Fuels. NACA 
RM E52L08, 1953. 

10* Government-Industry Meeting Concerning Alloying Metals Re- 
quired for Jet-Engine Production. R.D.B. 109/3, Res. and Dev. 

Board and Munitions Board, Dept. Defense, May 11, 1951. 

11. Ramhana, K., and Sahama, T. G. : Geochemistry. Univ. Chicago Press, 

1950. 








RADIUS OF ACTION. R/2, NAUTICAL MILES 


NA.QA. EM 54H23 




20 5 

7000 1750 1 


6000 1500 


5000 1250 


4000 1000 


3000 750 


2000 500 


100 0 250 


11 ^= 0.22 

2400 LB'NAUT. Ml 

K“ 

LB FUEL 


.10 .20 .30 .40 .50 .60 .70 

CS-8983 


Figure !• - Effect of cruise fuel quantity on radius of action.. 
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Figure 3. - Effect of gross velgjlit on range for constant mllltar;;' load. 
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Figure 4. - Effects of airplane TarlaTaleB on l30iiiber range 
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Figure 5^ - Effect of airplane varia'bles on fighter range* 
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Figure 6. - Bepreeentatlve Bupersonle interceptor flight plan. 
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Figure 7* - Some efrects at airplane L/3D and engine efficiency tIq on range. 
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Figure 15* - Effect on filter altitude and speed limits of decreasing engine specific 
weight or airplane drag or of increasing allowable engine hoop stress. 
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Figure 14. - Diagrammatic sketch of turbojet iengine 
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Figure 18. - Llml'ts on airplane parfonnance Imposed 'by combustor performance. 
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Figure 19* - Effects of engine and turbine design cm tirrt>ine air capacity fco* 

fli^t Mach number of 'I >8. Altitude 35,000 feet and ahove . 
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Figure 20. - Effect. of temperature on 1000-hour ruptxire stress for turbine blade alloys. Data 
(except dashed ctirves) from General Electric Company. 
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Figure 21. - Comparison of experimental and analytical blade temperatures 
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Figure 22. - Effect of alrpX 
on compressor performance. 
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Figure 23. - Effect 
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Figure 24. - ComparlBon of.net tlirusts uBlng various exhaust nozzles. Data from 
references 4 to 8. 
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Figure 25. - Effect of component efficlenclefl on over-all engine efficiency. 
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Figure 26. - Relatlcn 
feet and above. 
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Figure 27. - Relat; 
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Figure 30. « ETfect of fll^t 
35^000 feet and aboire. 
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Figure 32. - Bstimajed turbojet eoagine cooling losses. Turbine-Inlet 
temperature, 2040 F; afterburner temperature, 3040^ P. 
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Figure 37« - Distrl'butloiL of strategic materials in a repreaentatlYe turbojet engine. 
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TURBOJET PROPULSION-SYSTEM RESEARCH AND TEE RESULTIHG 
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Abstract 


Airplane performance Is analyzed to relate tbe effects of variations 
In airplane weight distribution, Uft-drag ratio, engine efficiency, spe- 
cific weight, taaperature limitations, and fuel heat of combustion. 
Possible improvements In turbojet propulsion systems are discussed in 
connection with research Information available In these areas. Fuel 
availability and the relation of critical materials to over-all engine 
production is discussed. 










